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■^e emphasis of tie effort documented In this report was to perform "te lite Integrator 
"TrJdM to develop the Preliminary Satellite Design Report ^O"" J^e -nultip e sate^ system 
— (MSS). The-design trades were .for_aJi>w-cost_sat.emt6_Jorj_hjjh b^^^ 

cS;icat?on syltem Integrating burst radio. <»l5^tal processor andl-lectronica ly st^traoU 
antenna designs. This objective wis to be met by analysis and trade-offs with the o. her 
!Ss twm mimblr;. Jroviding a means of Iterating the satellite, radio and antenna designs 
to reach a cost effective solution. 

The dita presented in this report Identifies the satellite interfaces with the payloed - 
rtdlo/Mtenna. Flight operations - launch, orbits, altitudes, etc.. an** the Ground user^or 
SSSiJS?;;;; VvXHn ll^ relates the impact of these Interfaces with the sate lite sub- 
systems - power, attitude control, structure, etc.. In parametric form, if PO"j;i?« '"JJ.., 
, that cost/perfomance trades could be performed. ^The final reso uti on of the. system trade. 
ar^ beln/ executed by the MSS system engineer in the MSS A specification. ; ... / 
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This report describes the analyses and trades performed by BASD during 
Phase Z of the Multiple Satellite System Program. These analyses and • 
trades were performed. to. develop the Preliminary Satellite Design Re* 
port for the multiple satellite system (HSS). The design trades were 
for a lov cost satellite for a high bandwidth global communication 
system integrating bxirst radio, digital processor and electronically 
steerable antenna designs. Tuis objective was to be met by analysis 
and trade-offs vith the other HSS team members , providing a means of 
iterating the satellite T radio and antenna designs to reach a cost 
effective solution. Communication was maintained through telephone 
conversations, meetings between contractors and working groups meetings 
between all contractors. 

The approach described by the analyses and trades in this ddrcumetlt was 
to identify the satellite interfaces and relate the impact of these 
interfaces in parametric form, if possible, - such that cost/performance 
trades could be^ made. - The main interfaces, were Flight operations, 
pay load, and the Ground user or final communication station. 

Flight operations were concerned with system parameters such as the 
satellite orbits, altitude, environment, launch and deployment strateg- 
ies versus the satellite lifetime and the satellite launch cost. Also 
to be considered were. the impacts of the* satellite commxinication range, 
earth moltipath, and satellite altitude differentials verstis the nximber 
of satellites required for the system communication mission. 

The pay load Interface concerned the satellite power, attitude control, 
structure, and telemetry and command necessary for the radio and 
antenna. Power subsystem analyses presented the cost estimates for 
satellite power including solar array cost, battery cost and launch 
cost, analysis of solar array configuration for optimum energy output, 
and analysis of the required battery size, the satellite charge 
controller, and the impact of peak power averaging of the transmit 
"power . The" attitude control interface wIsnconMrnear^i^th"^ of — 
various levels of attitude control versus antenna cost and complexity 
in order to obtain the system pointing of the antenna f oj 
communication. Structure and telemetry and command disc\issions mainly 
addressed requirements and possible approaches to obtain those require* 
ments. Also, addressed as a pay load interface were the concerns of the 
operation of high RF power components in space (vacuum) and the ivpli* 
cations on the system testing. 

The Ground user interface discussed the impact of the ground user 
operating with low earth orbit satellites and. suggested possible 
configurations of Ground user RF power and Antennas and even possible 
changes to the spacecraft which could lower the total system cost. 
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Th« «n«ly««« in thU report w«r« us«il to s«nerat« « pr.liaiaary design 
Plan for the satellite vhlch Included- reconmeaded satellite 
specifications and a preferred approach for each specification. 
Preliminary design plans were -also, presented . by "f^'S- 
The final resolution of the system trades are being executed by the M-S 
system engineer In the MSS A specification. 
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1. laerodueclon 

Th« following r«porc pr«««ncs B*ll A«ro«p«c« Syscasa Division's (BASD) 
•ffort on cho rh*s* I «tudy of tho MultipU- S*tolllto Systsm Program 
(MSS?). Tho final product of this study -l« th« Pr«lUln*ry Ooslgn 
Report of * s«teUlte bus upon which tho MSS? burst rsdlo and snttenn* 
nr* lntsgr*t«d. This flnsl r.port will doscrlbo th. various shalyses 
and tradas porforaad by BASD to darlvo cho Prollalnary Daslgn report. 
This documant wilt d*scrlbe tha saleeted approach, as well as 
approaches, Idaaa, and concerns which were analyzed and discarded. 

Section 2 provides a description of the MSS program and the objective 
of the total program and Phase I study. Section 3 presents an overview 
of the BASD approach during the Phase 1 study. Sections 4 and 5 
describe the trades and anal/ses made by BASD as the satellite 
integrator during the Phase I study. The conclusions and 

recommendation* of the BASD MSSP Phase I study will be dlscusse<i In 
Section 6. 

2. Multiple Satellite System Program Description 

This section presents an overview^ of the Multiple Satellite System 
(MSS) to Justify the trades and analyses made and criteria used for the 
selection of the preferred approach. , This overview is not a complete 
description of the objectives and requirements of the MSS. but should 
be sufflclmt to provide an understanding for this report. 

As stated In the Multiple Satellite System Program Management Plan, 
"Ihe Multiple Satellite System (MSS) Is a concept for a proliferated 
low- altitude system Intended to provide a global packet commtmication 
network for data and voice. Its primary objective is to provide a 
highly survivable network that can continue to support a minimum level 
of communication services In the presence of Intentional Jamming, loss 
'^a significant fraction of "~tha— satallltecr and/cr^- loss— of the- 
terrestrlal control functions. A second objective Is to provide 
efficient, wideband coaaunleatlons under benign conditions." 

Prevloxis davelopaantal work haa concentrated on space segment 
configuration, preliminary antenna design studies, and link 
coammlcatlons architectures. Applying this work to the design of the 
.-atelllte system la the next logical step. The basic system would 
consist of approximately 240 satellites orbiting at a low earth orbit 
altitude of 350 to 400 nml servicing a global uaer community of 200 to 
1000 uaer*. Tha satellites would consist of the satellite structure 
and subsystem* , a burst radio, an antenna for crosslink and up/down 
comunlcatlon, and a network processor tc perform the system routing 
and control. 



Th« kay iMua In a program Mxich u KSS Is cha cost of tho «mtolllCo. 
B«CAuso of tho quanciey of sacolllcss » tho Indlvidujil SAtolllto cost 
■use bo roducsd. The cost of osrllor typos of eonuniestlon sstsllltes 
csa bo rodueod for two rossons: 1. sasll dlstsneos botvoon smtollitss 
roducss sstslllts porfonsneo rsquirod sad 2. Isrgo production build 
tschnxquss csn bo usod. 

Tho HSS progrsB is s thro«*plis<od spprosch doscribod ss follovs: 
Fhsso Z: Establish s systoa dofinition and proliainary dasign 
Phaso ZZ: Hardvaro davolopoont and tasts 
Fhasa 111 : Full seals davolopaont of ths MSS 

Dasigning a eost«affsctiva systsa by oxsaining tho daslgn arsas and 
tradeoffs batwoan hardirarc and softvars. or antanna and attltuda 
conttxol.. or antanna gain and radio R? povar was tha goal of Fhasa Z. 
This waa eosplstad vith tha intaraction and tachnological axpartisa of 
savaral diffarane contractors. Tha MSSF Fhasa Z taaa mambars ara 
listad in Tabla 2*1. Tha organizational atructura of tha Fhasa I 
participants is shovn in Fiff-ira 2-1. KA-COM Unkabit Zncorporatad was 
tha syataa anginaaring contractor. Dafanso S:'staas Zncorporatsd was 
undar contract to axaaina tha application of .low-cost satallita dasign 
tactaologiaa to. MSSF. . Tha contractbrs wara to halp rasolva tha issuas 
arising' in systam dofinition. 
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3. BASO MSS? Study Overview 

During tho MSSP Fhasa I study, BASD vaj a teas mesbar (contraecor) 
involved vlth satellita integration. Tha obj active was ro develop a 
praliainary design of a low cost satellite for a high bandwidth global 
conunieation system upon which a burst radiOt digital processor and 
electronically steerable antenna would be integrated. Pr:iduction, 
testing* and satellite deployment techniques were also to be 
incorporated into the design. This objective was to be met by analysis 
and trade«offs with the other MSSP taam. members, providing a means of 
iterating the satsllite, radio and antenna ^designs to reach a cost- 
effective solution. , Communication was maintained through telephone 
conversations, meetings between contractors, and working group meetings 
between all contractors. 

SASD's approach to the study was to address the issues and concerns 
Identified at the working group meetings, or by BASD, in short memo 
foifb or system engineering reporcs (S£Rs) and distribute these to the 
other team members. It. was hoped than this approach would maximize 
team comisunication and identify errors in any analysis, resulting in a 
thorough discussion resolving the issues. The SERs, rewritten as 
synopses, provide the basis of this report. 

Table 3-1 lists the cities of the' ^D SSRs. Tne SERs, listed in 
numerical 5rder, are also in chronological order. Letters indicating 
the area- of the MSS? design to which the- SER directly applies are 
located beside the SERs. Table 3-2 lists the area of design concern 
for each letter. As can be seen in Tkble 3-1, the application of the 
SERs varied throughout the Phase 1 study. Several SERs have almost the 
same titles, such as 'MSSP Preliminary Power Analysis* and "Power 
System Second Cut". This is a reflection of iterations of the analysis 
as new information was added by the team members and working group 
meetings. This report discusses all analys«s results and SERs to 
describe what system trades were made. 

The sections of this ireport address either: a satellite subsystem, the 
satellite prograamacic concerns, an important interface such as the 
antenna or the radio, or basic system concerns such as the satellite 
orbits. The topics are confined and to BASD's concerns as the 
satellite integrator, although to the radio and antenna interface many 
other fine analyses were performed by the other MSSP team members. 
However, this report will address only the narrow aspects of the design 
relevant to a sarellite integrator and BASD's work on this study. 
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4.0 SATELLITE INTEGHATOR SYSTEM TRACES 



The sAtelllta Incegrator systea trades Izxvolve thoee areas of design 
which are notr necessarily satellite hardware or pay load hut are system 
trades which affect the hardware. The primary areas analyzed during 
the MSSP Phase I study were the required satellite orbits, the impact 
of the. groimd xiser, the communication ranges .vs. the number of satel- 
lites required, and the programmatic concerns which, can. drive the cost 
of the satellite system* 

Hany of the topics analyzed affect several areas of concern, for ex* 
ample: the satellite's orbit selection will actually affect the ground 
user, the communication range, and the programmatic concern of che 
-^rbit environment (atomic oxygen and radiation). This makes a discus- 
sion of a certain topic under a specific area of concern somewhat arbi- 
trary. 

4.1 SATELUTE ORBITS 

•- - - 

The orbits selected for the MSS program will.directly affect the de- 
sign, launch, and life cycle cost of the MSSP satellites. The altitude 
selected will affect the projected lifetijae and the radiation and en- 
vironmental levels experienced by the satellite and payload. 

The number of satellite orbit planes and inclination angles, driven by 
;:he desire* to obtain complete global coimauhicat ion, will increase the 
cost of latinching the satellites. That cost can be much greater than 
the cost of the individual satellites. Therefore, a prime concern will 
be to maximize communication performance while minimizing system cost. 

4.1.1. ORBIT ALTITUDE 

The satellite altitude for this study was stated to be between 350 and 
400 nmi or between 630 and 740 loa. This altitude range is not a fixed 
specification but a starting point for the system analysis and is 
acceptable for -the communication miss lonT The-prlme -concerhs~of the— 
initial satellite altitude analysis were: 

a) Satellite lifetime: 5 years 

b) Sa;elllte altitude differentials less than 50 km 

c) Satellite launch cost 

Fundamental to this analysis was the necessity of establishing an 
approach for estimating the exoatmospherlc temperatxire . It is crucial 
for spacecraft drag and orbital decay estimation. 
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iBplicit iathft r«^^ to alnlalze^ satellite launch. cost ts the 

reqtxirement to minimize sicellite altitude. The cost differential to 
launch a single satellite to^ .a .higher altitude. is not- prohibitive. 
However^..the cost to increase: the orbits of ?.40 satellite.i will drive 

the to taL system cost*. . ^ ^-v-^ rn;:rv-ir ^fXi.r'-'-'^^^CT-n^^v 

Xhe satellite's five year, lifetime requirement demands. that the initial 
altitude. be. sufficient to..coapensate for orbit decay. The req\iirement 
for satellite altitude differentials of less than 50 km was. derived, 
from the. antenna ccverage requirement of the MSSP antenna. When the- 
altitude 'separation between satellites becomes tro wide, the, minimum 
range for communication becomes very large. When satellites are ^ 
launched,, altitude differentials will . exist due to errors, design 
offsets for dispersion, or replacement of failed satellites. The ini- 
tial altitude must be such that after five years, the spread of satel- 
lites duet to differentials of orbit decay does not exceed 50 km. and 
eliminate valuable resources . D\iring this analysis calculacionjf will ^ 
'be made.for a seven year satellite orbit lifetime. The lifetime re- ^ 
quirement of the physical spacecraft is five years. 

4.1.1.1 EXOATMOSPHERIC TEMPERATURE AMD ORBIT DECAY 

The purpose of this analysis was ..to determine the initial average 
circxdar oibit altitude and relative llxitude spacing between a pair . of ^ 
satellites placed into circular Earth orbit beginning in 1991. Var- 
iable solar activity during a seven year mission and its affect on 
orbit decay rates were also considered. 

The dynamics of orbital decay are necessarily r^.iated to the dynamics 
of atmospheric density, which can be • represented in the daily % 
observation of the 10.7 cm solar flux (FlO.?) and geomagnetic indices 
(Ap). The prediction of daily variations in F10.7 can not be accomp- 
lished with any acceptable level of confidence, but a running 13 monch 

""average of "these valiies has shown "~some his toxicat-signif-icance." — Long — 

range prediction of other solar disk activity for t^e purposes of orbit 
lifetime studies rely heavily on statistical prediction techniques ^ 
based on these historical trends. Long range information is available 
from Marshall Space Flight Center's (MSFC) Atmospheric Sciences Divi- 
sion providing a smoothed 13 month prediction of the F10.7 solar acti- 
vity, and Ap geomagnetic indices. This information is periodically 
updated, -and the information contained in the MSFC report of April 14, 
1986 was V used as the most recent data for thia analysis. % 

Figure 4^ i shows the calculated average exoatmospheric temperature 
generated from the above information. This curve represents the diur- 
nal (day/night) average of temperature fluctuations as well as the. • 
influence of the geomagnetic index. The^methcd of exoauaospheric temp- 
erature calculation follows Jacchlat^) a977) and illustrates a ^ 
temperature maximum (cycle 22) taking place in Mf.y of 1992, and 




decreasing steadily through 1998. The empirically coopuced percentiles 
of 2. 3, SO, and 97.7 percent exoataospheric temperatxxre are extrapol- 
ated based on the past 20 rolar cycles. In addition, the estiaates of - 
exoatmospheric teoperature are based on an:'assumed'mean stiii cycle per* 
iod of 11 years. The plus/minus tvo standard deviation of sun cycle 
period range from 9 to 13 years producing a stretching or compression 
of the temperature profile of Figure 4-1. . ..j..*,^ f ^^v... 

To perform a strict prediction of the orbital decay rate requires the 
inclusion of a time •dependent relationship between the solar activity, 
exoatmospheric temperature, and atmospheric density. However within 
the scope of this study, three "constant* exoataospheric temperatures 
(1400, 1100, and 900 deg K) were assximed throughout the mission life. 
Values were predicted from Figure 4*1 and mMximum temperatures obtained 
during the May 1992 maximum for each of the three confidence intervals. 
!1SFC recommends the use of the 97.7 percent confidence interval temper- 
ature (1400 deg K) for the calculation of orbit lifetime ass\iming chat 
the actual lifetime of an orbiting satellite will meet or exceed the 
calculated lifetime in 97.7 percent of all cases.. On the other hand, 
by noting the approximate linear decay of - the three exoatmospheric 
temperatures shown in Figure 4-1, it may be assumed that the SO percent 
temperature of 1100 deg K represents the approximate average of the 
worst case exoataospheric temperature of 1400 deg K over the period of 
investigation, and can be considered as representative of the most 
likely median temperature over a mission ..life of seven years. The 
higher/lowef^ temperatures are shown thrbugirout the analysis to indicate 
the sensitivities and impact of solar flux on the analysis. 

Figure 4-2 illustrates the orbital decay rates following the method of 
King*Hele(2) for lh% three statistical exoatis^spheric temperatures men* 
tioned above. Density and scale height values were taken from Jacchia 
(1977) for each of the altitude constants descriptive of each decay 
curve. The range in initirl altitudes diverges as time from reentry 
and temperature increase accounting for the increased density present 
a t th e higher altitudes. These orbit lifetime curves are plotted again 
ia Figure 4*3 "using semilog coordir»ates • The~dasfied lines^ relate~to a~~ 
A/H of 0.1 (H^/kg), and a Cd of 2.2 The orbit lifetime values above • 7 
years should not be believed due tc the lack of long range solar acti- 
vity data predictions to support this period. 

Figures 4*4 through 4-12 illustrate the average circular altitudes and 
relative separation decay rates of a pair of satellites placed on orbit 
in 1991 for the three "constant* suns mentioned above. Three circular 
orbit separation distances of 10, 30, and SO ka are assumed for each 
"constant sun" between the two satellites at their initial orbit place- 
ment. The appropriate initial average altitiode would be selected based 
on an assto&ed maximua allowable spacecraft to spacecraft altitude se- 
paration, which is a function of inter-satellite antenna pointing re- 
quirements, as well as satellite replacement driven primarily by the 
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RgurB 4-6 Averags Altitude and Separation Ahi » 50 km T«» » 1400 deq k 



T« m 1100^ Ahi - 10 -km 



9- 




TIME IN YEARS FROM ORBIT PLACEMENT 
Figure 4>7 Average Altitude and Separation 
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desired mission lifetime. The maxioua elloveble inter* satellite separ- 
ation and initial average circular altitude will be derived based on 
future analysis, and are \mknovn at this time. Prestiming that these 
values vere Ion. -n, the orbit selection would follow directly from 
Figures 4*4 thrc i^H 4* 12. For example, looking at the "hot sun* shown 
in Figure 4-4 snd choosing a mission ' lifetime requirement of seven 
years and a maximum allowable separation of 30 tan would produce an 
ixxitial average circular altitude of greater than 700 km. 

It can be concluded that with the constant exoatmospheric temperature 
approach taken here, the most probable orbital decay rates are repre- 
sented by the 1100 deg K temperature profile for the solar activity 
period of '1991 to 1998. From a vie%rpoint of a median analysis, the 
1100 deg K sun produces a probable (SO percent) initial starting alti- 
tude of between 625 Ion and 675 km circular altitude for a probable 
initial inter-satellite altitude difference of 30 km. Since the pre- 
dictions of orbital., decay are so dependent upon exoatmospheric tempera- 
tures which are not easily or accurately predicted, this analysis will 
have to be updated later in the MSS program. However, this analysis is 
sufficient to establish the initial satellite altitude for the MSSP 
preliminary design. 

4.1.2 - SPACECRAFT ORBITAL DENSITY 

Once the spacecraft altitude had been selected, the number_of orbit 
planes anW the number of satellites peir^ orbit must.be^aziiBlyzed^"to as* 
sure that global communication coverage is possible. This cursory 
analysis was performed to assure chat the suggested distributions would 
meet the performance requirements and that unforeseen system require- 
ments did not exist. The initial spacecraft distribution assumed from 
a previous study (ESL-TI11632) called for 90 spacecraft at 27.5 deg 
inclination, 90 at 57.5 deg, and 60 spacecraft at 90 deg. This distri- 
bution and another suggested by BASD were oxamined for their impact of 
the communication ranges. The concltAsion derived from this analysis 
was that unforeseen system problems did not exist, but that the 
communication performance could- be — enhanced- with ~additional..satellite- 
planes at higher inclination angles. 

4.1.2.1 ORBITAL DEHSirY ANALYSIS 

The ideal distribution of spacecraft for total global coverage is given 
by a density is 

- -19.1 SPACECRAFT/STERIDAN 

4ir 

The distribution of spacecraft as a function of latitude (A) is given 
by the area integral of the density function 
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F^--- J'ifu2irco8A<U -120 «lnA SPACECRAFT 

Th. distrlbvcion is the ttotal nuaber of spacecraft between th« equator 
2S laSSd. X. The Ideal uniform density «id «4i««i^ution are 

SovS^ to Figure 4-13. The ideal distribution curve decreases in slope 
tierlafina latitude because of the curvature of the Earth. Each 
toSe-:r" Sti«an:.r tha pole results, in a .«aller area than a 
corresponding increment near the equator. 

The spacecraft density is fundamental to •""^"f"* ^» gt^^ 
tng (5m) between spacecraft as measured from ^-^^^Z'^"' °J 
ind the intersatellite range (Ru> to the nearest neighbor. It is mach- 
ISlclSllly ISo«ible to place an arbitrary, nuaber of spacecraft around 
SI t"be wiS Jnif Ota spicing between them. However it is possible 
^a%lace 4 6 8 12. or 20 spacecraft uniformly about a sphete by 
pLc^rtJ;- St ihe enters of l»e face, of one of the five regular 
SowioSs A uniform distribution of 240 spacecraft can be approximated 
b? tStog a hSagoSl pattern, which is the most dense packing pattern 
Chat cln^bl pl«5d cn I plane. This pattern give. 6 nearest neighbors 
« each spacecraft, each at an «gular "r"Sr245^i;««a?t*ii 
«iauth from each other. The angular separation for 240 spacecraft is 



180/* - 14.1 deg 



ytu sin 60 
Th" intersatellite range is 



2 (RZ-+ H) sin — 1724-ka 



2 



vhere the Earth's radiu. is RE - 6378 to and the spacecraft altitude 
is H-6S0 ka. 

Cr?'s r b?f »i":;:::;it;^ro:u eriSt-i^^^^^^^^ 

Tii: ;rbit'^tc. iilf constantly b7 altering th. range, between 
spacecraft, thereby altering the local denaiti... 

Th. primary objective in .election of orbit, »SSP Is to provWe a 

coJisJeUaSon that average, the time variation, in 
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Figure 4-13 Ideai Uniform Density and Oistribuaon ^Spateacr^tf 
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density-- To achieve chis objective, the dependence of density on in- 
clination is examined alone. In.order to do this, it is assumed that N 
spacecraft are all at an inclination i fnd that their longitxxdes of 
ascending nodes and. true "anomalies are uniformly distributed. This 
results in a spherical shell of spacecraft between north and south 
latirades equal to the inclination angle. Continuoas analysis is Just- 
ified in the limit if N is very large or if the time average over many 
orbital revolutions is considered. The density (f) as, a function of 
latitude (A) for this inclinacionj is 



23r2 ysin^i - sin-'A 
f r o _ i 



The corresponding distribution is found by integration of the density 
functions 




2 



These density and distribution functions are plotted in Figure 4-14 for 
the deployment inclinations that were proposed in ESL-TM1632. This 
.deployment consisted of 90 space craft at 27.5, 90 at 57. S. and 60 at 
90. Ths density at low latitudes is very close to the iUeal \mtform- 
density and then rises to a spike as the latitude approaches 27.5. 
This spike reflects the fact that the orbits of spacecraft at the same 
inclination bunch together at . north and south latitudes near their 
inclination angle and spread apart near the equator. The density func- 
tion drops sharply to 9.9 spacecraft/steradian as the latitude 
increases past 27.5, because the 90 spacecraft asaociated with the 
lowest inclination orbit are alL., to the South and can no longer 
contribute to the total density. The density then slowly increases to 
a second spike at 57.5 before falling to a global minimum of 5.S space- 
craft/steradian. The intersatellite range Just north of 57.5 latitude 
is of interest. Looking to the south, the density is high where the 
57 5 inclination orbits bunch together, whereas looking to the east or 
west, the density is only 5.7. The angular spacing between spacecraft 
in the east-west direction is ; ; v 
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Figure 4-14 ESL-TM1632 Distribution and Density of Spacecraft 
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* - 7 £u/5 .7 *M - 25 . 9 d«g . 
which correspond* tto aa-lncorsattolllto range of 

R - 2(R* + H) sin !_ - 3148 
2 

f^y A 650 lea slcicuda orbit*! shoU. Finally, looking to the north. 
S: *dl«il; b'SS f. until latitude 80.8 /' f-^^S^^^i; 
f.rence is 23.3. which correspond* to a range of 2843 las (1535) tas at 
an altitude of 650.ka (351 as). ^ 

A« -it«m*t. set of irdinacion angles was investigated in an attempt 
To m^tl tSi Jing^ requirement* at high latitudes. The alternate 
"nltillit^n «es f5ur inclination, rather than three, and consist, of 
terser multiples of 24 spacecraft in each plane for comparability with 
i S^JosiS easier vehicU. The inclination, and nuaber of spacecraft 
are as follows: \ 



r. V r .f 



i 28.5 57 70 90 
Ni 48. 72 72 48 



The density end distribution functions are shown in Figure 4-15. A 
orFiwres 4-14 and 4-15 reveals that the alternative de- 
st«tli?1"ults in a distribution curve that more closely 
fitCirtSnilS sine iJnction. and that the minimum density is 7.1 

f« r. SteiJlte as opposed to 5.7 for the ''^f-i^-f/^'S^rtr. 
-ttario . «ow-consider tha- east.wasJ;_E»gf_ f r_om just_north of ^0 N latl- 
The angular spacing bacw«» spacecraft in the eas^-west dlxec 

tion is 



' " y fu/7.1 'u - 23.1 

For a 650 ks altitude spacecraft, this correspond, to an tntersatellite 
range of 

R - 2(R£ ♦ H) »ln i. r 2813 tai 

2 • ■ ■ 

which i. not much smaller than the East-West rang* at 57 ♦latitude for 
Si orlliSlJ However, considerable improvement has been achieved 



.24. 





za.sr. 


57" 


70* 


90* 


N1 


48 


72 


72 


48 



DISTRIBUTION 



I 

! 

« 

3 

H 

i. 



130 




O S 10 IS 20 29 30 39 «0 «S 90 SS SO «9 70 79 SO AS ao 

lAMOo* (occACCS M. urfhrmoo 



DENSiTY- 




(eca*css n. wkmrmeo 
Rgura 4-15 Alternate Oftiit Set Distribution and Penalty of Spacecraft 

-25- 



for « Northward looking antanna. Tha^ danaity aquala. f when the lati- 
cuda reaches 82.7 M. The latitude difference is 12'. 'jhich 
corresponds to a range of 1553 K« (838 na) f 
<351 na). Consequently North-South coBBunication lirjcs at high ^atl- 
cuaes are facilitated using- the alternate set of inclinations . East- 
^r. links are not substantially different a.id will tend to follow the 
lines of spacecraft bunching at latitudes near the inclination angle of 
a particular shell. 

The conclusion to t^ia analysis are: 

a) BoO; of the possible deployments of satellites would provide ade- 
quate comnnmication performance with no major system or satellite 
concerns . 

b) The satellite dersity will tend to incre«*e at tl-.e latitudes equal 

to the orbit inclination angles. » - 

c) More uniform distribution may be obtained with more satellites at 
higher inclination angles. 

d) An approach has been presented which may be applied to obtain a 
first cue evaluation of spacecraft ...density of various deployment 
schemes or - to evaluate deplbymint*- which might accentuate 
communication at particular latitudes. - 

a) The final resolution will depend upon the cost to obtain uniform 
density or what level of uniform density is cost effective; 

4.1.3 SPACECRAFT ORBITAL DISPERSION 

The deployment of many satellites with varying orbit planes and varying 
inclination angles Is necessary in order to obtain a global 
cS™SJcaSon-7?ste«r-HoWeverr^^ 

into many orbits will be prohibitive for a -low cost " •y;»»;^J 
satellite orbits are obtained by separate launches. One approach for 
the dispersion of the MSSP satellites is ««» launch ""^^^"Jgrjf 
reduced cost in a group from either an Extendable Uunch Vehicle (ELV). 
oJvSIttS and theS deploy the. at varying altitude, or inclination 

angles. 

The variation of the altitude of satellites will cause the satellites 
S sljiwti ?roi lach other. The altitude difference with different 
rJdIal velocities will cause the satellites to "iJ^^^^J^^ 
orbit plane. Tha external torques from the earth will cause e^e orbit 
Jlaaes of sitellites at different altitudes to regress at different 
inclination angle differences will also cause different regres- 
sion rates. The latter phenomenon is called nodal regression. 
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Th« spacecraft valocity with altitude Is: 



V - Ra X ^qrl g / (Ra+h) ] 




. : lAara: Ra • Earth radius 

. _ - : h - satallita altioida 

c^. jrjj . - g 3 - accalaration of gravity 



Tha spacecraft orbit regression rate vs. altitude, and. Inclination Is: 



Q - -10 X t Re / (Re+h) l"(7/2) x cos( Ai ) 



where: Ai * satellite^ Inclination angle 



Figure 4-16. shows the satellite velocity variation vs. altitude. Fi- 
gure 4-17 shows how satellites would separate in tlie orbit pl«:ne due 
to velocity differentials (altitude) reference to an altitude of 300 
kzB. Figures 4-18 and 4-21 show the change in nodal regression and the 
separation in orbit node for satellites at varying altitudes. « 

Dispersion of satellites can only be obtained at a cost. The above 
equations and Figures 4-17 through 4-21 state that the cost could be 
tiae rather than the dollars to pay for the many laxmch vehicles. 
Since the launching of 240 satellite via EL7 would require an extended 
period of tiju^, the trade of tiae vs. dollazj.is jnot a stxalght forward 
exchange. Especially if the launch vehicles are not iimediately avail- 
able for trade considerations. 

Figures 4-22 through 4-26 show how 60 satellites, launched 20 at a tiae 
every 3 aonths with O.IS deg of inclination separation between satel- 
lites of a launch group, would disperse after a 12 month period. The 
white areas la the figures show the areas on tne groxmd which have a 
satellite within view (10 deg ground user elevation angle). After a 12 
month period, the only shaded areas are at the earth poles. The illus- 
trations in Figures 4-22 through 4-26 are not meant to show how 60 
"satellites will provide a global" communication^ — because -many other 
parameters must also be analyzed* However, these figures show how 
three launches of the small HSSP satellites cwxLd provide wide satel* 
lite dispersion. 

The dispersion of Figures 4-22 through 4-26 was obtained through in- 
clination angle variation. If the satellite nominal inclination angle 
is low, then altitude variations would be the best method of obtaining 
dispersioxi. For high nominal Inclination, angle orbits, the use of 
inclination angle variation would be best. 

This analysis does not have a final conclusion because it depends upon 
the final, orbits selected for the commuxxication system capability. 
This analysis was performed to show that an alternate, possibly lower 
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Rgure 4-20 Nodal Regression Versus Altitude (AI ■ 57) 
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lASfC f«TVOtK OfSPCRSION SHOWM 

ASSUMCS: 

• 3 LAUNCMCS or 20 SATCLLIUS CACH 

• UmNCHCS OCCUa at 3 mouth rNTE»VALS 
(C6.,0 nO.« 3 MO., «Ad 6M).). 

t 3 OfleiTS INITIALLY PLACED WITH RT. 
ASCCNSZON OF THE ASCENOING NODE AT^ 

tit lAUNCM • 30^1 
Znd LAUNCH • 90^C 
3rtf LAUNCH •ISOPV 

• NGNfNAL HSSP OUSIT AT S7^ ANO 
-^^ 47S10I I 675X11. 

a.^SATULITE OlSPCRSTON VIA 0.1$^ 
INCLINATION SEPARATION lETUEEN 
AOJACENT ORBITS. 

• mNtfRJN GROUND STATION ELEVATION 
ANCLE • 10^. 

• SHADED AREAS: NO GROUND COVERAGE 



Ut LAUNCH AT 0 MONTHS. TOTAL ON-ORBIT • 20 SATELLITES 



Figure 4-22 Satellite Dispersion/Ground Coverage Rrst Launch to 0 Months 
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2nd LAUNCH AT 3 MONTHS. TOTAL ON-ORBIT • 40 SATELLITES 
_ Shaded Area: No Ground Coverage 
Figure 4-23 Satellite Dispersion/Ground Coverage Second Launch 3 Months 




2r6 UUNCH AT 6 MONTHS. TOTAL ON-ODBIT -60 SATELLITES 

Shaded Area: No Ground Coverage 
Figure 4-24 Satellite Oispersion/Ground Coverage Third Launch 6 Months 




MSSP NCTUOR< 0ISPER3I0C AT 9 MONTHS. TOTAL ON^ORBIT • 60 SATELLITES. 

Shaded Area: No Ground Coverage 
Fgure 4.25 Satellite Dispersion/Ground Coverage 9 Montha . A/N 7821«« 
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cost, men:od,«xists for Che deploy»enC : o£=..240 ««CeUices ...JievMSSP. 
The final resolution ci the trade between- separate^satelllte launch and 
this method of::disper*ion will, depend.. upon the final analysis of the . 
desired satellite orbits.- for. coantunlcation > performance and. launch 
costs. However... as will..be seen. Itusectionr A. 1.5... the cost of separate 
launches will„ be jso prohibitive tliat a group method of launch is essen- - 

dal. ••.'•■■•0 . .-..-^x-i . ■ ■:^-:!^:--v4A. .r-i-..:...r ^ ' ,:• .r.' 

4.1.4 SPACECHATT lATJNCH STRATEGIES 

Section 4,1..3 discussed the technique of satellite nodal regression and 
how this approach could perfora the satellite dispersion "pessary to 
•deoloy 240 MSSP. satellites for global comaunication. Once this techni- 
que was established, a means of implementing the final satellite orbit 
deployment; was .Investigated. The orbit selection and delivery analysis 
for' the, establishment of .an MSSP satellite network highlighted the need 
for a carrier .vehicle to perfora the final orbit transfer and initial 
satellite orbit- placement naneuvers. This orbit selection criteria.^ 
yields a preferred method of establishing the orbits by imparting a 
constant separation of : orbit inclination between satellite orbits to 
produce a dispersion in longitude of ascending node and true anomaly 
position of each satellite. Using the methods described In this sec- 
tion, the total amount of delta (1) <lncllnatloh) required to place H 
satellites on orbit "Isra . function- «f^-f* the relative nodal regression 
rates to -achieve a select orbit dispersion _lh a given period of time.. 

For this analysis-, the maximum delta v capability of a reusable carrier 
vehicle Is.sixed-for 20 satellites injected initially Into a 300 km X 
300 km 57 dag parking orbit with a desired Earth centered lunge angle 
of 3.25 deg m approximately 6 weeks. This yields an equatorial cross 
range separation of 400 km between satellites having a minimum "lapping 
period" (the time required to produce a 360 deg relative true anomaly 
rotation between the first and final satellite placed in orbit) of six 
weeks. ~" ' ' 

4.1.4.1 MSSP lABNCH STRATEGY ANALYSIS 

The relative movement of a MSSP system of circular satellite orbits can 
to the first order be described by a set of particular perturbed orbit 
ephemerides. for each of . the . satellite orbits. The orbit shape and 
orientation can. be defined using classical Kepleriaa orbital elements. 
For a eirctilac-.orbtt.-.-these are ■ -. 

I) orbital- radius (r^) V x ; 

.3-.;u3^= -'^.csf-fe S'iiw.^.otbitt Shape 



2) : orbit eccentricity (e) 

3) orbit inclination (1) 



orbit orientation 
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4) longltiidft of ascending node (Q) ) 

5) true anomaly (M) : satellite position In orbit plane 

A variation of circular orbital, eleaencs applied to the MSSP system of-z.t' 
satellites will: prodtice advantages and disadvantages affecting global 
coverage and network utilization as - veil as mission lifetime and pro* 
gram cost. The major netvork and program Influences produced. from the:, 
pertxurbed orbital elements are briefly summarized below: 



CHANGE IN. CIRCULAR 
ORBIT 2LZMENT" • * 



ADVANTAGES 



DISADVANTAGES 



1) Increase^ 
eccentricity 



2) Decrease/Increase 
Inclination 



Increased, nodal re* Aprisidal rotation caxises 
gression rate greater large variation in inter* 



global frequency 



Nodal regression in* 
creases/decreases 
as inclination 
decrease/ Incr ^as e s 



satellite altitude, requiring 
Increased elevation, beamwidth 

Requires multiple 
launches or substantial . 
on*board propulsive capa* 
blllty (eg SRM) 



3 > Decrease^rbl tal 
altitude 



Nodal regression ~de« 
creases 



Kultlple launches or on* 
board propulsion is 
required. Broader eleva- 

tion beamwidtn required 
for some altitudes. Shorter 
mission. life expected. 



4) Longitude of 
ascending node 



Greater global 
frequency 



Multiple launches or sub* 
stantial on-board pro* 
pulsion^ 



*Jhe production of an eccentric orbit (Item 1) quickly expands the MSSP 
s;ntenna beamwidth elevation requirements without producing large nodal 
1 egression rates. An eccentricity of 0.Q028 with a perigee altitude of 
eV7S ka will produce a 20 km . apogee altitude increase, while yielding 
only a 6 X 10-5 deg/day relative nodal rate with respect to a circular 
crblt of 67S km altitude. Similarly, a change in the circular orbit 
altitude (Item 2} between adjacent satellites (although producing lar- 
ger rates than an eccentric orbit) will adversely increase the satel* 
l!te elevation beamwidth with relatively small nodal regression rates. 
Here a 20 km circular altitude difference will yield only a 0.037 deg/* 
day nodal rate relative to the reference 675 Vm circular orbit. This 
vxll be seen as insufficient in meeting MSSP mission requirements in a 
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Uter discussion. Item 4 can be suiamarily dismissed because of the 
staggering launch costs associated in discrete satellite placement for 
the 240 elements. Therefore, this study will address the establishment 
of the MSSP network, using a perturbation method involving the separa- 
tion of satellite orbits via small inclination changes. ^ 

4.1.4.2 MSSr DERIVED LAUNCH REC<U1XEMENTS 

Deviations in discrete orbital elements may *e produced via the initial 
orbit placement of a satellite or with perturbation forces applied to 
the satellites while in orbit (i.e. thrusters rockets, etc). The 
appropriate selection of required satw lite orbits will depend on mis- 
sion objectives and requirements set forth for the MSSP. The following 
general requirements are assumed for this analysis. 

a) two orbit inclinations of 57 and 80 

b) network consisting of 240 satellites 

c) STS baselined as stage "0* 

d) mission orbit lifetime of seven years (satellite 
baseline is 5 years . ) 

e) minimize launch and production cost/satellite 

f) maximize global coverage 

g) maximize the effective use of network satellites 

Item d) drives the selection of the appropriate orbital altitude to 
achieve the mission life and has been discussed in section 4.1.1. As a 
result of this analysis, the preliminary^de termination of the initial 
circular orbit altitude to achieve a 7 year mission is between 625 km 
and 675 km. which requires an orbit raising to be performed from the 
STS operational altitude of 300 km x 300 km. In keeping with item e) . 
the satellites have not been designed to contain on*board propulsion 
capabilities, therefore an orbit transfer carrier seems appropriate. 
— Bils carrier^may be -thought- of — as-^eusable„- „J?.smarxJL__(jL.^o_._t^^ . 
restartable engines) or expendable • "dumb" (spinner, SRMs), or a 
combination thereof. Preliminary packing layouts show a carrier 
capacity of 24 MSSP satellites for the reusable and 20 for the expend- 
able carrier designs. This high density is necessary to limit the 
recurring launch costs to establish the network and, provides suffi- 
cient numbers of satellites per latinch to establish a basic system in a 
reasonable period of time. At this capacity it would take approxi- 
mately 10 to 12 launches to establish the network of 240 satellites. A 
launch rate of 3 to 4 launches per year produces a time-to-completion 
of the network of approximately 3 to 4 years. The element and program 
costs for: each carrier approach have been given yrelimlnary examination 
in Section 4.1.5. Space Launch Cost. 

The length of time to completion of the network of 240 satellites has 
t a advantage of selecting the initial right ascension of the ascending 
node displacement with each launch. Ideally it can be shown that three 
polar launches with 120 deg separation in ascending node and with 
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randomly discrlbuced crua anomalies among aaeh complamanc of coplanar 
sacellices will produce equatorial cross ranges which preserve che 
easc*vesi: incersacelllte link. However, chis basic system is subject 
CO mortality, hostile threat, "clustering" around the poles at. the 
common intersection of the orbital planes, and requires active satel- 
lite staticn keeping to prevent. . "bunching" of the satellites-a situa* 
tion created. when adjacent., satellites have slightly differing orbital 
periods and collect in similar true anomaly position. To prevent this 
and lessen the network degradation via threat and mortality » the satel- 
lites are positioned in orbits spread, in longitude of ascending node, 
and true anomaly position. The required orbit pertiirbations to dis- 
pense each launch of the 20 to 24 satellites, as well as the or6lt- 
raising energies to establish the initial, circular orbit, are relegated 
to the carrier vehicle and will vary depending on the carrier design 
capabilities. 

4.1.4.3 CARRIER VEHICL2S 

A) "DUMB" CARRIER 

'* .- — - - & 

In general, the greater the orbit placement flexibility required of the 
MSSP, the greater the complexity of the carrier vehicle. A simple 
"dumb" (e.g. spinner) carrier may contain back to back solids located 
along the spin* axis of the vehicle. The carrier with its 20 satellites 
would maintain coarse attitude during the orbit raising via momentum 
biasing created during an Initial spin-\zp maneuver ^ created^ 
spin-up rockets. To maintain a low rec\u:ring cost, a command and tele- 
metry link is eliminated and an on-board sequencer commands the firing 
of the peri-gee solid rocket motor (SKM) with a set time delay for the 

firing of the apogee circular ization SRM. Once the delivery orbit is 

established, the command sequencer would then initiate the simultaneous 
release of all 20 satellites. 

There are a number of tindesirable results of this design. The carrier 
lacks attitude knowledge and control functions and is therefore incap- 
abl e of autonomously establishin g the correct iner tial perigee bum 
direction and must rely on the shuttle to preselect~tiie carrier burn 
attitude and minimize RMS deployment hand-off errors (a "frisbee" type 
of deployment with a more sophisticated cradle may help here). These 
errors at deployment would translate to apogee/perigee errors whereby 
the target final orbit altitude may be missed. In addition, a "dumb" 
carrier can not measxire or correct for the three*sigma variations in 
total impulse of the perigee bum. The net result is the likely deli- 
very onto en initially undesirable orbit; an orbit which may not gua- 
rantee mission lifetime and is overly eccentric to reduce network util- 
ization.. Finally, with the above scenario, the "dumb" carrier is not 
able to provide selective orientation or discrete timing for release of 
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•aeh MSS? sacellit* necMsary Co prod»ic« •fflclentt dispersion of satel- 
lie. ascending nodes and true anomalies. Preliminary eselfflaces show 
that the sloultaaeoua release of the satellites from a spinning carrier 
will produce eccentric -bunching" of satellites reducing Che use of the 
necwork and having the potential, at high release spin rates, to pro- 
duce periodic Inter *ate 111 te altitude differences which exceea the 
beaawldth capabllltlis of Che MSSP antennas. 

B) AUTONOMOUS CARRIER „ . . _ 

An alternate approach Involves using a liaart carrier vehicle with^a 
restartable liquid propulsion system. Attitude IcnoVUdge wcuid be 
maintained with on-board three-axls capability following STS reference 
Initialisation and &MS deployment from the shuttle. The orbit raising 
and circularisation would be performed using a continuous low- thrust 
maneuver Incurring less than 2 percent delta- V penalty (good up to 
h<20C0 lea) wheft compared to the Hohmann Impulsive transfer. The JtSSY 
deployment sequence Is accomplished using a satellite placement onto 
discrete orbits which are to be achieved by the carrier v-.hlcle prior 
to satellite orbit placement. 

Each successive satellite would be placed in an orbit separated from 
the adjacent orbit In. .Inclination (_co^r?od«e« ""dal dlspevslon) and 
ecceutrlcicy (to produce true anomaly separation). The dispersion in 
true anomaly would produce a "lapping" effect created by the sligiitly 
different orbital periods in which adjacent satellites would exhibit 
large lapping periods. The shortest period would exist beOfcen the 
first and last satellite deployed where "the largest rslative rate is 
created. To avoid a loss in resolution of. two satellites when viewed 
from a ground site ( a minimum equatorial cross range of 400 Va separa- 
tion at an orbital altitude of 675 taa Is required) the relative nodal 
regression .rates beween satellites with the shortest lapping per- 
_lod should 6e_selected to r.r oduce the mlnlaun required separat io n In 
the minimum lapping period. ~ 

For sizing the liquid propulsion tankage, the magnitude of the velo- 
city maneuver to produce adjacent discrete orbits with the appropriate 
relative nodal regression rates should be kept as ssaall as possible. 
Figures 4-27 and 4-28 show a preliminary analysis for a "smart" carrier 
vehicle at 57 deg end 80 deg Inclinations carrying 24 satellites. 
Flaures 4-29 and 4-30 demonstrate Che effect of a reducclon In che 
number of saeelllces If 20 are carried Co orblc. The analysis shows 
chac a maximum carrier delta-V of approxlmacely 5.0 m/sec (4.9 m/sec 
normal co and 20 m/sec cangentlat to the velocity direction) between 24 
successive MSSP satellite placements Initially at. the 57 deg Inclined 
. orbit will produce the minimum desired seperatlon between the first and 
last sacelilce from a given carrier load in approxlmacely a six week 
lapping period. The Incllnaclon difference 
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b«tw«en Che first and last sacalllta la about 0.8 dag wich a final 
prblt eccantricicy of 0.00128, Adjacent orbits are separatee* by 0.038 
dag in inclination and 0.0000533 in eccentricity ««l would lap each 
other in approximately 2 .3: ryeara. ' As time progresses, the relative 
aeparation cross ranges increase at a constant rata creating a separa- 
tlon between adjacent satellite orbits of 400 km in thia. same 2.3 year 
period. 

Larger delta-Vs produce shorter lapping periods lot a given minimum 
sepr!xation or larger separations in a given lapping period but at the 
expense of greater amoxints of on-board fuel. Having completed the 
placement of ^the final MSSP satellite, the "smart* carrier vehicle 
would perform -a plane change orbit lowering and nodal alignment to 
r»tum to the STS park orbit for retrieval and return to the ground for. 
refurbishment. 

4.1.4.4 CARRIER FUEL REQUIREMENTS 

Using a hydrazine liquid system sized to the maximum deAa-V 
capability, the estimated total amount of fuel to perform. the above 
mission (with a 900 kg dry carrier) is 710 kg. Using a bi-propellant 
system reduces this figure to 500 kg. Roughly two- thirds of the fuel 
is used in the initial orbit- raising and circularization maneuvers and 
co\ild be replaced in total or in part %rith a hybrid design combining 
.olid rockettnotors and * the liquid system. ; .The Solid, Rocket Motors 
' (SRMs) size would be on the order of two Star-24 motors to perform the 
initial orbit- raising. With the current tankage capability of the 
preliminary smart .carrier design, they are not an advantage. 

4.1.4.5 LALTICH STRATEGY CONCUSSIONS 

The requirements of establishing the MSSP network of satellites in an 
efficient, flexible, and tiaely manner point to . the need for a smart 
carrier vehicle. This carrier must provide for an orbit- raising 
— clrcularization maneuver with relative — satellite-mavement__control ^^la. 
dispersion of nodal regression rates and randomized true anomaly loca- 
tions for adjacent satellite orbits. Furthermore, this carrier should 
be retrievable and refurbished to minimize total program cost f^r esta- 
blishment of the MSSP nec-rork. 

4.1.5 SPACECRAFT LAUNCH COST . ^ 

The cost of the^total system is important to the requirement of a •low- 
cost* global communication system. The satellite and payload will be a 
large cost factor for the system, as well as the aatellite launch. This 
total cost of the MSSP system will be dependent upon the cost per us- 
able communications node in orbit. We wish to use low cost elements 
(e.g. radio, antenna, spacecraft bus. launch vehicle) but only to the 
extent that this results in a cost- effective number of usable nodes in 



orbit. Mlnlalzacion o£ the- cost of oach. oloaont aay lapaet chs cocal 
system cost greacly.'-' ■ -^-^ Z ~; ■ ^ ■ ^ 

The speesGraft lauxieh cost will depend upon r«ro factors: the launch 
vehicle and the size of the .MSSP satellite. The launch vehicle cost 
depends uoon una type of vehicle and the effort needed to place the 
satellites in their final orbits. The apacecraft size will iapact the 
nuaber of satellites which can be ^launched per launch vehicle. If an 
expensive lauxich vehicle can lawch aore satellites at a more effective 
cost per satellite, or if smaller satellites can be launched in larger 
numbers per launch, the total system cost goal can be achieved. Also, 
the means of -obtaining the final orbit req\iired for the satellites will 
impact the cost of the latonch system. 

4. 1.5. 1 LAXmCH VEHICLE COST 

The first process in the analysis of launch cost was to gather a data 
base on the cost of the possible satellite launch vehicles and to esti^ 
mate the nuaber of satellites which could be launched per vehicle. 
Fir^e 4*31 shows the possible KSSP .lAuneh vehicles with the estimates 
of satellites per launch and the estimated ROH cost per satellite for 
several possible launch inclinations. A conclusion from this figure 
is that shuttle launch configuration would cost about $211 per satellite 
and ELVs about $4 to $7M. If the cost of the satellite and pay load- is 
less than $1 to $2M. then the coat" of the system launch will be 
considerably more than the satellites. The shuttle is the lowest cost 
launch approach indicated in Figure 4-31. 

4.1.5.2 SATELLITE SIZE IMPACT 

Size estimates for the MSSp-iatelltte- dismeter— has-been-fr^m IS-to ^S^- 
in. The main consideration for determining the satellite diameter is 
the antenna size requirement. Antenna size is a trade between the 
necessity of attitude control and antenna capability. A sophisticated 
attitude control system would allow the use of a simpler antenna design 
which would scan the antenna beam in azimuth. A simple attitude 
control system might require a more complex and larger antenna. There* 
fore, the satellite launch will have an impact on the aatenna/actltude 
trade. Satellite size will also impact launch cost. A. larger, heavier 
satellite will cost more to la\xnch. A larger satellite will reduce the 
number of satellites capable of being launched per shuttle or ELV 
laimch. In terms of shuttle launch. Figures 4*32 and 4*33 show a 
three-point curve based upon an analysis of three possible spacecraft 
diameters for the number of spacecraft per latmch and the projected 
cost per launch Cnot including the,, coat of a an Orbit Maneuvering Veh- 
icle (OMV)or carrier). The conclusion is that satellite launch cost 
will be substantially impacted by satellite size and the 
attitude/antenna trade must include the antenna size impact. 
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4.1.5.3 ORBIT ACHIE7EME»T COST ' 



The shuttle, launch cost described In section 4.1.5.1 listed the cost of 
en OHV which boosts the MSSP "satellites to . their final orbits. Two 
method? of boosting the. s^ajsecraft from the. 300 .km. s to the 

1675 km operational orbit %^ere described in Section 4.1.4. 
expensive booster is an expendable spixi- stabilized stage using two 
solid motors. The more expensive booster is a recoverable three*axis 
stabilized stage,, using _ hydrazine thnisters. ^ The following element 
costs at^ assumed to compare the cost per usable node in orbit for the 
two booster designs. This baseline uumberr^ for launch were set at 20 
satellites per expendable launch venicle and 24 per recoverable veh- 
icle. These numbers will vary with spacecraft size. 

A) Take the rec\irring cost of the expendable solid booster including 
. shuttle charges to be $15M. 

B) Assume that the recurring cost for the reusable liquid booster is 
$17. 5M and that the non*rec\irring cose is $45M. 

The launch cost per x&sable node for the expendable booster system is 
then: 

, ^^^^ - $0.75M/node 



20 

The comparable cost for the reusable system laxanching 240 spacecraft in 
10 launches is . . 

$45H , $17.5M , 
240 24 

The cost difference per usable node in orbit is approximately $170K for 

'"tEm r eusab le sys tern "cbmpar ed~t'o~^cHi expendabl«~sysxem;: — Thts-cos t does 

not reflect the hidden progranmatie cost such as 

A) Cost of two additional launches (12 vs. 10) 

B) Cost of providing safety for launch of rockets in shuttle 

C) Operational cost of satellite laimches 

0) Possible reimbursement of carrier after final laimch 



The orbit achievement hardware cost for an expendable recoverable 
will not be much different for either approach. However, the reusable 
"smart" carrier could provide better performance of the valuable 



rasourcas (sacallltas) vlth mora aeeixrata apaeaeraft plaeamanc In orbit 
and Initial knowladga of poaitlon and oriantation of tha rasourca. Tha 
basic concilia ion to. ba drawn is that tha orbit achiavamant coat vlll ba 
about $1M par aatalllta. Tha total laxmch coat vlth tha ahuttla vlll 
ba about. $2H^par aatalllta. 

4.1.6 SPACEC8AFT ORBITAL ENVIRONMESIT 

Tha radiation and an^rlronaantal lavala axparlancad by a aatallita vlll 
ba dapandant upon tha salactlon of tha satallita altltuda and inclina- 
tion angla. Tha-^ prisary anvlronmantal concoima vhich vary vich tha 
salactad altltuda is tha axposura of tha spacecraft to Traa Oxygen" or 
"Acomic Oxygen" (AO) and tha radiation levels to vhich Che spacecraft 
is exposed. The nagnicude of the effects of these cvo factors - radia- 
tion and AO-vary vlth • increasing altitude. Radiation levels increase 
vich altitude.... Expoaxira to AO decreasea vlth altitude. It vas desired 
for the MSSP to define -the impact of these wo factors and compare che^ 
Lnpact vlth the selected satallita altltuda of 675 \sm (section 4.1.1). 

4.1.6.1 RADIATION DOSAGE 

The l^SP satellites vlll be processor- intensive. The purpose of Che 
MSSP satellites vlll be to provide a stable platform in space for Che 
necvork processor. The reliabllicy of a microprocessor -and cherefore 
Che mission of the MSSP, vlll be dependent upon the total radiation 
dosage, (specifically, crapped parcicle radiacion) Co vhich che sacel- 
lice is/exposed. It is highly desirable to knov the total dosages of 
radiation the spacecraft vlll ba exposed to rr the Impact of radiacion 
shielding, and the variation of the radiation exposture vlth years in 
orbit and orbit altitude. 

The first analysis vas performed vich che paramecers listed in Table 
SOFIP and SHlEliXDSE are softvara programs used to tha projected radia- 
Cloft~7losage. ri~gures 4-34, 4-35 - and-4—36-shov-che-expected radiacion 
dosage (6-year lifetime) for 28, 57, ^ad 95 deg Inclination angles and 
740 km spacecraft orbits vs. tha depth of aluminum shielding. The 28. S 
dag inclination angla has the vorst cumulative radiation level and che 
effect of shielding diminishes for thickneaaaa beyond 100 to 150 mils 
(1 mii-O.OOl in.). The curve labeled^ D is the svim total radiation. 
For shielding thickness beyond 150 mils, the major component of radia- 
tion is trapped protons. If tha minimum ahlaldlng thlckneaa provided 
by a satellite structure la aaaumed to be 0.064 in. or 64 mils (^1/16 
in.), the maximum benefit from internal shielding vlll be obtained 
vlth a small amount of proeaaaor box ahlaldlng. 

The radiation-levels for higher inclination angla orbits is greater for 
lover shielding mainly because of. free^ electrons. Once the shielding 
level is 150 to 200 mils thick, the radiation dosage vlll be less than 
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28 DEGREE INCUNATION 




CASE: 

OrarR 740 km X 743 km 

INCUNATION: 28* 
KEPL PERIOD: 1.660513 HR& 

MODEL: 
RELD:. MAGSAT 1980 

EPOCH 1992 
ELECTRONS: IZ AE6 

OZ AEJ7-L0 

THRESH LEVEL 05. MW 
3 PROTONS: AP8-MAX 

.THRESH LEVEL 5 MeV 
\ CONRDENCE: 90% 

MEDIUM: ALUMINUM 
GEOMETRY: SOUD SPHERE 

'OTHER: 

MISSION DURATION: 6 YR. - 
SlMUUnON DURATION: 35 0R81TS 

5a2 HR& 



KEY 

A • ELECTRONS 
8 • 8REMSSTRAHUNG 

9 59 in ^00 259 309 3S9 499 «9 599 SS9 699 C • TRAPPED PROTCN 

«IL5 ^ ■ TOTAL 

Rgurs 4-34 Radiation Dosage — 6 yr, 28 deg Inclination Versus Shielding 
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CASE:^ .\ 
ORBIT. " •* 740 km x 743 km 
INCUNATION: 57» 
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MOOEU 

FIELD: MAGSAT 1980 

EPOCH 1992 
ELECTRONS: 12 AE6 

02 AS17.L0 

THRESH LEVEL OJS MeV 

--JPBOTSNSl. AP8-MAX 



THRESH LEVEL 5 M9V 
CONROENCE: 90% 
MEDIUM: ALUMINUM 
GEOMETRY^ SOUD SPHERE 

OTHER; 

MISSION DURATION: 6 YR. 
SIMULATION DURATION: 35 ORBITS 

5a2HRa 
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A • ELECTRONS 
8 m BREMSSTRAHLINQ 

0 S0 100 vise ^00 250 300 150 100^1S0.S00 550 600 C • TRAPPED PROTON 
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Rgura 4^ Radiation Dosage — 6 yr. 57 deq Inclination Versus Shielding 



A/N 7821^1, 



.47- 



95 OeGREE INCLINATION 




CAS& 

OneiT 740 km X 743 km 

INCUNAT10N: 95* 

KEPL PERIOD: 1.660513 HRS. 

« 

MODEL:. - 
nSJ}: MAGSAT 1980 

EPOCH 1992 
ELECmONS: IZ AE6 

OZ AEI7-L0 

THRESH LEVEL 05 M«V f 
PROTONS: AP9-MAX 

THRESH LEVEL 5 M«V . 
CONROENCE: 90% 
MEDIUM: ALUMINUM 
GEOMETRY; SOUO SPHERE 

c 

OTHER: 

MISSION DURATION: 6 YR. 
SIMULATION DURATION: 35 ORBITS 

saz HR& 
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KEY i 

A • ELECTHONS 
B • BPEMSSmAHUNQ 
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0 • TOTAL 



Figure 4^6 Radiation Dosage — S yr, 95 deg litciination Versus Shielding 
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Figure 4^ Radiation Dosage Versus Duration of Lifetime 
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TABLE 4- 1 

RAOIATIOM DOSAGE SPECIFICATION PARAMETERS 



MISSION SPECIFICATIONS 



MODEL SPECIFICATIONS 
depch*do3« 



740 X 743 km ORBIT 
PERIOD: 99.6308 min 
1.66 hrs 

MISSION LENGTH: 6 years 

MISSION START DATE: 1-1-1992 

3 INCLINATIONS: 28. 57, AND 95 deg 

SOFIP xisad CO find incidenc flux 

SHIELDOSE used to find 

data 

Solar maximum proton model used 

Solar min-lo electron model used 
Spherical satellite model « 
35 orbit simulation projected over 6 
years 
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Che dosage ac. 2 8.. dag inclination. Spacecraft flying . at higher inclina- 
tion will- fly through the South Atlantic Anomaly and will fly. through the 
polea of the Earth's magnetic dipole. 

Figure 4*37 shows the the dosage vs. mission duration for a satellite 
altitude of 67S km and inclinations of i? and. 80 deg.. The radiation 
dosage builds as the satellite lifetime extends.. Also, the. factor of the 
thickness of the- shielding is shown to- - reduce the total dosage, but the 
curves have the; same shape. The radiation dosage for a 675 Ion altitude. 
6 year mission, Figure 4*37, is slightly less than a 740 km. altitude , 6 
year mission of Figure 4*35. 

The radiation levels of approximately 10''4 rad Al (Rad St - 0.857 Rad Al) 
should not be a problem for bipolar components or linear ICs. For CMOS 
parts and components such as A/D converters, however, it would be desir- 
able to reduce the cxamulative radiation levsls to around 10^2. These 
requirements will require that the shielding thickness be increased t»o 
the larger values of about 300 mils total around those parts. These 
parts should be radiation hardened. If possible, a lower satellite alti* 
tude or the lower altitude of the altitude range be chosen. 

4.1.6.2 ATOMIC OXYGEH 

During the course of the MSSP study, . conqern^was "expressed regarding the' 
effects of Atomic Oxygen (AO) on the low" Earth orbit satellites. BASD 
analyzed the possible effect of AO on the MSSP satellite and determined 
that it would be minimal and easily nullified. 



AO is the presence of free oxygen molecules within the atmosphere. Free 
means the oxygen radical (0) rather the normal oxygen (02). When a 
spacecraft flies through the atmosphere with AO, the spacecraft exterior 
s\xrfaces will erode. Simply put, the spacecraft will rust away. The 
rate of this erosion will depend upon the spacecraft altitude. At the 
higher~altitudes ,""ress AO will exist ind the ~ratirbT^rbsion~wtn~ de- 
crease. Therefore, for less erosion the higher 740 km altitude would be 
beneficial for the MSSP satellites. 

The surfaces which will be impacted by AO are any exterior structure, 
solar arrays, antenna radome, thermal blankets, and thermal radiators. 
The amount of impact of AO on any of these surfaces for a satellite with 
a lifetime of five years will be minimal. For example, the exterior 
structure will be aluminum which will perform in space similarly to its 
performance on earth. A thin layer of aluminum oxide will be formed and 
then the surface will show minimal erosion. 

The thermal blankets » which have a Kapton exterior surface, will exper- 
ience the most erosion at a rate of 0.004 in over the five-year lifetime. 
The exterior Kapton layer will generally be 0.010 in. thick simplv >^e- 
cause a thinner layer wotild increase fabrication cost due to handling. 
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Also, the erosion of thm ftxtarior sxirfaee will noc affect the thermal 
resistance required of the thermal blankots. Therefore, the effect of AO 
on the thermal blankets can be eliminated by simply using a thicker outer 
layer (or: a layer commensurate vlth norxaal fabrication, procedures) . The 
cost of eliminating the Impact Is ^minimal. - - 

4.1.7 SATKT.JJTE ORBITS CONCLUSION 

The axuilyses performed, suggest that an altitude of 62S to 675 km is suf- 
ficient for:MSSF lifetime and satellite separation requirements. Altl- 
ttides higher than 67S koi r are^^ acceptable, but. would increase the launch 
cost of the MSSP system. The. higher altitudes, will also have higher 
levels of radiation. Altitudes to 740 Ion ^11 not greatly increase the 
radiation levels » but since the MSSP satellites will be "network 
processors in space**, the lower altitudes would be optimum. The effects 
of AO at 625 to 675 km will be - minor. The effect must be considered in 
the satellite final design, but will, not a cost driver. 

Azialysis of the spacecraft density with various launches and inclination 
angles showed that: placing more satellites in the higher inclination' 
angles tended to provide a xmiform density distribution. The ultimate 
uniform distribution could be obtained only with the costly approach of 
individually launching satellites. However, the dispersion of the satel* 
lites can be obtained by varying the satellite altitudes or inclination 
angle in minor amounts so that satellites dispersion would occtir due to 
orbital regr«rslonr The trade is betweeh^'-^-the'^^cost of satellite launch" 
vs. the time required for the satellites orbits to separate. The process 
of orbital regression is cost beneficial. 

The final conclusion of the /dialysis is that the size of the satellites 
are the main cost driver fc-: the IfSSP system. The satellite size will 
reduce the number of satr .lites which can be inserted into orbit per 
laimch and increase the number of launches required. The size will in* 
crease the cost of r>*<i orbit achievement vehicle and the nximber per 
launch will extend time required to finally obtain system operational 
status. Valuable assets with li mited lifetimes will be in space waiting 
for the completion of the system. 
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4.2 GROTRID USER 



Z» the most izqporcanc coneam of the HSS program. Tha satisfaccion of. 
tha ground usar. Baeauaa Cbara may ba thousands of ground usars and 
only 240 satallltas, tha systam coat amphasis must ba tiltad toward tha. 
usar. Tha dasign of tha satalllta, antenna, and radio must also ba 
eompatibla with tha groxmd usar. For axaiopla, if tha ground \iser can . 
transmit vary high powar with a small antanna to complata tha uplink, 
but cannot huar tha satallita downlink bacausa tha ground antanna does 
not have enough gain, then tha system does not work. Conversely, if the 
satellite system has capability beyond what can be used by the normal 
ground user, then the satellite is not cost effective. 

On this basis, BASD performed an analysis of ground^user^oriented 
system concerns and outlined possible trades with respect to FJ power 
and antenna 'gain. The objective of the analysis was to identify system 
concerns and irJ.tiata the definition of the user interface thereby 
aiding satellite design. 

4.2.1 GROUND USER/SJACEGRATT ANTStTNA TRADE 

Before precediitg with an analysis of ^thp;- igfpuhd user, a. baseline 
specification for the ground usar was generated: 

BASD GROUND USER SPECIFICATION 

Jfransmit power: lOW ~ 

Antenna gain: 17 dB 

Receive sensitivity: same as the satellite 

Elevation angle: 10 deg 

Assumption S/C lOV, 17dB Gain 

Although this table is trivial, it is a start; Tha main interface 
requirements between the satellite and ground user and tha major cost 
for the ground station are listed. Each of these items represents a 
trade between tha coat of tha satellites axid. tha thousanda of ground 
users. The impact of atmospheric losses of about O.SdB at low 
elevation angles has not been included. 

The main trade paramaters are antenna coverage, antenna gain, and RF 
transmit power for tha ground user and satellite. The purpose is to 
minimixe requirements and cost of the user and satellite but ultimately 
HSSP systom cost. The main equations used to define antenna 
characteristics in this analysis follow: 
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antenna gain vs. area: 



Cain 4 Pi A * E££ A: area Landa: wavelength 



Laada'*! Ex'f: antenna efficiency 

anc«inxia gain vst' antenna beaiavldth: 

Gain - ( 41?.53 / B-*r2 ) * EFF BW:.2ia beaxwidth 

antenna pattern vhich is parabolic: 

d3 ■■ BWx 

' - squared BV3: 3 d3 beaawidth 

3 BV3 BVx: beaovidth at x dB 

The frequency is assuaed to be 3 GHz. The antenna efficiency is 
assximed to be 55 percent. Thi.« efficiency is a conservative niomber 
vhich will not greatly ixipact the final conclusion. Smaller ground 
antennas with efficiency of up to 65 percent will only add to the 
systea capability. 

4.2.2 GROUND USER A^TTEN^TA CONSIDERATIONS 

Figure 4*38 shows ^antenna gain vs. area.. ^ Jlie presentation is for 
antennas 1 x 1 inch to 20 x 20 in. The antenna could have non* 
syszetrical dimensions or be a dish, but the square is chosen to give a 
representative idea of the size of the ground antenna. A 17 dB antenna 
gain would be about. 12 in. sq. Figure 4-39 shows the beaawidths for 
tho antennas vs . area for the saae diaensions as tised for. the antenna 
gair;s. A 17 dB antenna would have a 19 deg beaawidth. 

When an antenna is used on a ground configuration, the user must be 
concerned with the problem of multipath (Illustrated in Figure 4-40). 
A direct signal up to the satellite will have an interferometer pattern 
with- a reflected signal from- the — groundT" — Even on— an-airfraae-, the-- 
Bultipath problea will occTir. The "final* antenna gain will be the sua 
of the direct Jignal and the reflected signal and will depend tipon the 
height of the antenna above the reflecting surface. This will determine 
the aaplitxxde and phase of the reflected signal. For MSSP, the height 
and the physical orientations are not known for the general ground user 
and therefore, we oust assuae that the signals will s\ib tract. The 
signals are "added* voltage«wise not power«wise. Figure 4*41 shows the 
effect of the total signal variation vs. the aaplitude of the reflected 
level assuaing that the two signals are out of phase. A 10 dB 
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Figure 4-38 Antenna Gain Versus Antenna Area 
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refleice^ sisniI'wiU^c*«e'the fliial-"gaia to- b«-r»*iced-by about 3.3 
d3.or ch« antenna gain wottld.be reduced to 13.7 dB. Thla is not enough 
to aake the link. If a compromise i, made to accept a 1 dB variation, 
the reflficted signal level must be 20 dB -down- from- the -direct signal. 



if the iroi^d ^iTe^ haT the '«tVtma 'pointed at the 10 deg elevation and 
the reflected signal level aimed 10 <i«8 1»«1<»*' «he »iorizon Cassuain^^^ 
flat earth) is 20 dB below the direct signal, then the 20 dB beamwid^ 
of the antenna is 40 deg. ' With the. assumed parabolic beam, the 3 dB 
beaowidth can be calculated- and. the required antenna gain calculated. 
Figure 4.42 shows the calculated required antenna gain vs. elevation 
anile for the 20 * dB " reflection. In order to- obtain less than 1 dB 
reflection. at.a 10 deg elevation, the antenna gain must be at lea*t at 
20 dB Figure 4-43 shows the relationship between required area and 
the. elevation angle. It must be noted that these curves show the 
required gain and area required of the ground user for a 1 dB gain 
variation due to ground reflections. 

Anothe •iysical factor which must bW Iconkidered in the ground user 
equatioa is the path loss of the up/down' link. Assuming an altitude of 
Che spacecraft of 675 km. the slant range from the spacecraft to the 
user will vary from 675 to to 2100 km. The- path loss to the user will 
vary with the elevation angle- of the user. Figure 4-44- shows the 
variation of the path loss reduction based upon 0 dB at the .10 deg 
elevation «gle. If 17 dB is required at. 10 deg elevation angle then 
when the satellite is directly above the user (elevation 90 <ieg) . the 
-required gain for the same syst-m performance is about 10 dB less. 
Figure 4-45 shows the required gain when the path loss variation is 
— attracted -from 17_dB 

The final physical parameter' is the angle ^t the spacecraft 
to see the ground user. Figure 4-46 shows the scan angle that the 
antenna of the spacecraft must scan to view the user vs the user 
elevation angle. The antenna must view a . cone of about 62 deg half 
angle in order to view all possible 10 deg elevation users. 

Sumarizing for the 10 deg elevation user: 

required gain (20 dBr 20 dB 
possible reflection aaplittuda 1 dB 

required area- 14.5 In. sq -„; 

.. . ., „....._ttsar beamwldth .., >5 deg ^ 

path loss "** 

_....^«,...^--. ;..xequired.u*er link, . 17 dB . . . 

' * spacecraft scan, angle 62 deg 

.. . • - spacecraft gain - 17 dB 

The 15 deg user beamiridth means that if the pointing of the user 
»tenna iS of f by 7,5 deg. the antenna 8*ln will be red-ced by 3 dB. 
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Vhen chtt 1 dB of reflection is Included* the pointing accturacy must be 
greater than 7.S deg. Also, the 20dB gain antenna vould eoopensate for 

ataospheric losses* . . 

4.2,3- GROUND USER QUALITY: FACTOR 

The operational considerations of comiaunication with low Earth orbit 
satellites must be factored into the xrade of the performance of the 
ground user's antenna. ..^The most important considerations are the 
ntjober and position of the satellites which can be viewed and the scan 
rate required of the ground user to track the satellites. 

If uniform distribution around the world is assumed* the number of 
satellites in view by the user will be 

240* 1/2 ♦(I - cos( earth angle )!_ 

earth angle Acos[(R7R-»-h)*cos (elevation angle)] • elevation angle 

or sisply, the area seen by the user times the nximber of satellites. 
This plot is shorn in Figure 4-47. The real case will not have perfect 
omiforaity. However, the. curve is representative of .the number of 
satellices vs.^the \2ser elevation capability. This curve shows the 
cimilative number of spacecraft in view with a user view capability 
from 90 or overhead to a specified elevation angle*' Figure 4*48 shows 
the number of satellites in view in S deg cells at any elevation angle. 
For the high elevation angles « there are not a lot of satellices. The 
probability that there will be a satellite diractly overhead is very 
low. 

Second, the riser's requirement and gimbal rates for tracking the 
satellite must be ascertained. The satellite at 675 ka altitude is 
mo*^ing at about 7.S Ion/sec. The giubal rate of the user will be much 
higner-when the -satellite -la -overhead----close~to-the-ratio-of _the_earth- 
radius to the satellite altit\ide times the spacecraft rate. Figure 4- 
49 shows the user gimbal rate vs. the elevation angle. The angle of 
the spacecraft antenna scan angle is ;^0 minus the sum of the earth and 
user angle. Therefore » the spacecraft gimbal rate will be the user 
gimbal rate minus the spacecraft rate. Both scan rates will be very 
high at 90 deg elevation and slow at low elevation angles. 

The gimbal rate shown in Figure 4*49 is. for an overflight pass. When 
the spacecraft passes in view at angles other than an overflight, the 
elevation gimbal rates will be slower and the azimuth gimbal races will 
be larger. Figure 4* SO shows the ciuBulative time for an overhead pass 
vs. the elevation angle. For example, if a spacecraft flew over a 
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grour.«i station/ tha tlna £or the spacecraft to go from a 55 deg to 90 
dag to 55 deg elevation is 2 minutes. 

Figure 4«51 shows a ratio of the nuaber of satellites to the gimbal. 
The the inexpensive ground iiser system performs best vith a toroid^tyr* 
of patterned antenna which is scanned in azimuth to detect satelll .^>» 
and skip the satellites which are overhead for only a short time. 

A conclusion from this data is that the ground user prefers *^ing the 
low elevation angle spacecraft with the higher quality factor. 
Therefote, several options exist for the ground user and MSSF: 

a) expensive ground trnit to track satellites 

b) groxmd tiser \ise low elevation angle satellites -more slower moving 
satellites 

} ■ ' - - ■ - - • - ' 

c) increase spacecraft power for high elevation angle users 

4.2.4 ANTENNA GAIN/RF POVEH TRADE 

The ground xaser link trade involves the trade between the size and scan 
rate capability. or antenna .and the -"power- transmitted. ■ The gain of 
the antenna will increase by almost 3 d3 '^fdSlEle) every time the area 
of the antenna dotibles. For small antennas, the impact of doubling the 
size of the antenna is insignificant. For large antennas, however, 
increases of 3 d5 may -require antenna diameter Increases in terms of 
maters. The actual size increase for a 3 dB galxTwill be more than a 
^factor of 2. The cost of RF amplifiers for increased RF power can be 
expensive. Also, as the magnitude of the RF power increases the 
"efficiency of the amplifiers will decrease. For the ground \iser, the 
-larger antenna and gimbal scanning system can be quite costly while the 
cost of an RF amplifier and power cost is not of great concern. For 
the satellite, the cost of ~RF power'~ana laxgeiTftnteim 
costly. The optimum trade is a compromise between the RF power and 
antenna gain of both the satellite and grovoid user. The third option of 
increasing the satellite RF power, suggested in section 4.2.3, will 
require additional satellite power. An increase of the RF power by 10 
dB in certain situations could produce a cost saving by increased 
performance capability for tha total system. The link equation of the 
satellite/ground user is based upon 17 dB antenna gains and lOV of RF 
power at the 10 deg elevation angle (max path loss). If the transmit 
power were increased 10 dB (lOOV), the link equation could be written: 

Gsat Guser -i- DELpl > 10 dB (power delta) • 34 dB ' (17 dB 4 17 dB) 

or Gsat > Guser ^ DELpl - 24 dB 
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where DElpl - delta path loss* GsaCt Guser - gain satellite and user 

Therefore, vlth higher pover, the antenna gain, end size of the 
satellite or ground user could be reduced. If the satellite had 17 dB 
antenna gain, the ground user could have a vide beam (70 deg beanriiidth} 
6.S dB gain antenna to use when talking to high. elevation angle (90 to 
'40 deg) rapidly moving satellites. This antenna would provide a dome 
of coverage, or a 100 deg cone about the zenith. A high gain toroidal 
scanned antenna would be needed to talk to the low angle satellites. 
The satellite and ground user would be required to use high power only 
when the conxBunicating ground \iser is viewing the satellite at a high 
elevation angle. 

Tliis type of operation would be an excellent compromise. The rationale 
is chat the ground user is required to have a high gain antenna for 
oultlpath reasons at the low angles and . therefore , could use high gain 
rather than high power. Also, the probability of a high elevation 
angle satellite is-low~ and the time period during which a satellite 
would be required to traxismit high RF power would be short. If a 
satellite were passing directly overhead, the time to cross the wide 
beam dome (Figure 4-SO) is 3.2 minutes of a 9 minute pass. Most 
satellite passes will be grazing off the horizon rather than overhead. 
Whether this user antenna cost savings would offset spacecraft power 
cost will depend upon the user environment ^ and the projected user 
antenna.cost.: The main concern is the total system cost. 

Another option might be to lower the nadir gain required for both the 
satellite and the user. Antenna gains of 14 dfi with 30 deg 3 d£ 
beamwidth, which would .cover elevation angles 20 deg about the 90 

elevation, could be beneficial to both the satellite and ground user. 
Also, if the RF power outputs were 10 dB higher for all angles, and 
because the gain of the ground user must increase for the low elevation 
angles, the gain of the satellite antenna could be reduced to 14 dB. 
This lower gain, wider beamwidth would allow coarser pointing errors 
and reduced antenna size. The trade ""would^be~xhe~larger-^ize-"of"-the- 
power subsysf ^1. 

4.2.5 CONCUJSION 

This analysis was meant to state a few of the ground user concerns and 
possible trades. Any trade must consider the impacts on the satellite 
power sxibsystem and the satellite size. However, when compared to the 
costing for the ground user, some of these options seem to be of value, 
particularly the use of higher power for the high angle satellites. 
The total system cost will be greatly impacted by the large number of 
ground users. A final decision on the satellite/ground user interface 
will be made by the MSSP system engineer. 
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4.3 MSSP COMtCDHICATION SYSTEM 

Establishing s successful conmunieacion systss for Tthe:MSS.prograa\vill 
Jdepend on the resolution of factors which will significantly affect the 
performance; These factors (s\ich as-:^ altitude differences , number- of 
spacecraft t pointing errors r cross link range) have been identified and 
are discussed - inithis . section technically and in teras of cost. In 
addition, a section, of the MSS? link, equation has been included to 
provide trade graphs of ^thecvarious systea parameters. 

4.3.1 SATELLITE RANGE 

SPACECRAFT RANGE VS HEIGHT. ABOVE EARTH 

To eliminate atmospheric loss and multipath; the MSSP maximum 
-communication range:^ vs. S/C altitude - and the mixiimum. height above the 
Earth must. be considered. 

As the crosslink range between satellites is increased, a maximum range 
is obtained due to the occultation or blockage by the Earth. The 
communication range when communicating directly across the limb of the 
Earth is: ■ --^r " ' -'^ '"'^ " 

Rmax - 2 (h+r) sin (^max) _ 

where Cos (^max) r/(r^h) 

r Earth radius (6378 km) h- S/C altitude 

For example h - 67S las Rmax - 6021 km 

• - • • ■ - 

This maximun range condition is not» however, the optimum range for a 
low cost~communicarion system -like MSSP; — Communication~directiy -across 
the Earth limb will require that the RF signal traverse the Earth's 
atmosphere twice. Also, the multipath reflection at the Earth's 
surface will cause large signal degradation. Therefore, the required 
signal amplitude will have to increase by several dBs - as the 
communication ranges approach the Earth limb. 

Another less costly ^ solution would be- tc limit the maximum range 
condition to > communicat;* across an altitude above the Earth's 
atmospihere or an altitude of 100 las. The maximum communication range 
would 'then be:- --^ -^ ' -~ '^."--^ " ^- 

Rmax • 2 (h+r) sin (#max) 

where cos (tfmax) • (r«»>100km)/(r<fh) 

For example h « 67S km Rmax - SS79 la 
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The aystea designed for the lower range (SSTVa) would be e^more cost- 
effective conrpromise, ^' ...r'^^^^J.^ 

4.3,2 625/675 ALTITUDE DIITERENTIAL / 

The proposed satellite orbit is ; 675 ka.i After being in orbit for 
several years, the satellites will drift down and new satellites will 
be placed in orbit at 675 ka. The altitude has been established so 
that the satellite aaxiisua altitude variation will be 675 km xo 625 km.- 
This altitude variation will iiapact the HSS? mission in that trae 
angles between satellites will not be as designed. 

To analyze the real pointing angle and range for satellites of 
different altitudes for comparison with results of satellites flying at , 
the same altitude, assumptions were made that the satellites had no 
altitude errors, no pointing errors, and fixed beam antennas. Once the 
impact of the altitude -differential for these satellites is known, tfee 
analysis can be extrapolated for altitude errors and the non- fixed 
elevation beam antennas. 

4.3.2.1 POINTING AND RANCE EBROR 

Previoxis analysis has limited the angle difference from satellite A to 
satellite B to 4'^ deg with an altitude differential of 50 km. The basis 
for the 4 deg is shown in Figure 4-52, and was based upon an orthogonal 
intersection of the horizontal and the 50 km altitude difference. This 
analysis agrees with the 4 deg, but the relative position of the 4 deg 
is different from Fisjure 4-52. — 

Figure 4-53 shows the relationship between antenna pointing angle and 
the range between the satellites when they are at the same altitude. 
The pointing angle is the angle between the orthogonal to the A 
satellite radial and the line to the second satellite B, This is an 
angle down froa horizontal. If the-two~satellites-were-not- at_the„same_ 
altitude, then the range and angle would be as shown in Figure 4-54. 
Figure 4*54 shows the satellite A at altitude 625 km and satellite B at 
675 km. Since these satellites are at different altitudes, the range 
and pointing angle will be different for the same -Earth angle" between 
them. The equations for theta prime and R prime or range prime, the 
real angle and range between the satellites is described in Figure 4* 
54, The comparison of the same altitude and 625/675 altitudes must be 
made for the same design angle. In other words, with the assumptions: 
no altitude errors or pointing errors, and fixed antenna beams, the 
system is designed for the same altitudes of all satellites and the 
impact of the altitude differences is compared at the same design angle 
or one-half "Earth angle" • 



.67- 



R 3 RANGE 

-,_o, ha ALTITUDE 675Kni 

R9 a EARTH RADIUS S378 Km 




A/N 7621/u 



Rgurv 4^ Relationship of Antenna Pointing Angle and SateHite Rang9 
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Figure 4-54 Pointing Angle and Range with Attitude Difference 
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Figures 4*55 and 4-S6 show the ranges between the eatellites for the 
cases where they are both 67S 1a& and where they are at 625 and 675 km. 
The differences are very saall except for design aigles below 1 deg. 
Even then the difference is small. The maxioum; range error will, be 50 
laa when the satellites are above one another or when the design 
pointing angle^ is 0 deg. Figures 4-57 and 4-58 show the difference 
between design angle and the real angle due to the satellite altitude 
separation. For large design angles out 22 deg » the real and design 
poincing angles are close. However, for angles below 3 to 4 deg, the 
difxerence becomes very large until . at the design angle of 0 deg the 
real angle is 90 deg. 

The iapact of these errors will be a small increase of the link path 
loss, but the pointing angle difference could cause a large loss due co 
the antenna gain. 

4.3.2.2 "IMPACT OF ERRORS 

The pointing error difference for the satellites at different altitudes 
could cause the signal amplitude to be fxirthsr down on the antenna 
pattern. To analyze the impact of the altitude difference, a baseline 
link and j^xtemia must be assiimed: * > . 

Antenna: . uniform illumination with sin (X)/X pattern and beamwidth of 
50.8.deg/L; where L is the aperture length in wavelength. 

X- Pi * L sin (B); $ « antenna angle 

Antenna pointing at maximum range. 

Antenna beam^width "-LI times max range 23.1 deg 

It will be assumed that the maximiim range Is 5579 km (angle-21) 



With these assxmptions, the equation for the link margin with varying 
range (assuming that the azimuth pattern is narrow enough to provide 
adequate gain)^ is: 

20 log ^ 5S22j -2* 20 log ^ sin xj ; X - L sinC21-0 

Figure 4-59 shows the path loss (range) change with angle, the antenna 
gain change, and the total link margin change which is the path loss 
minus two times the antenna change for two satellites at the same 
altitude. These curves state that the two factors - antenna gains and 
path loss - compensate for each other. For this calculation the 
antenna beamwidth was chosen to be 21 times 1.1 or 23.1 deg. The 
antetina dimension was therefore, L » 2.19 wavelengths. 



4 
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Figure 4-60 shows che same combinacion of pach loss* ancaxma gain, and 
tocal variation for two aneannas with tha real antenna pointing angles 
for satellites at 625 and. 675 kn. Note that, the antenna gain varies 
considerably because of the pointing angle. The antenna gain rises at 
about 1 deg design angle due. to the antenna side lobe. The \isable link 
(XJdB) is limited to ranges greater than 11 .deg design angle or 2700 
kot; This looks bad except for the fact that ve have made an error. 

The antenna, patterns are pointed down at the maximum range of 21 deg 
(5579 kn). Satellite B is up from the design angle for satellite A 
becaxise of the 625/675 altitudes. Likewise satellite A will be down 
from satellite B. Therefore, the real link margin equation should be: 

20 log ^ 5S79j -20 log ^ ^^"^^^] ^""^ [ ^^^^ ] 

Where XA is L sin (21-*) 

and X3 is ' L sin (21-*' -(*' •*)) 

- L sin (21-2*'+*) 

The location of satellite B will be farther "down" on the antenna 
pattern of saeellite A becatise of the --alcituxie difference, but 
satellite A will^ be farther "up" on the antenna patfbem of satellite B. 
These two effects will almost compensate for each other. Figure 4-61 
shows the link difference for the two look down case and the real or 
look up/down antenna cases for design angles of 2 to 21 deg. This 
figure was based on an antenna size of 2.19 wavelength or a beamwidth 
of 50.8/2.19-23.1 deg. If the beamwidth as expanded to 50.8/2.15 - 
23.6 deg (L-2.15 wavelength) » the calculated results will be as shown 
in Figure 4-62, which provides >0dfi performance from almost 3 deg (720 
km) to 21 deg (5055 km). The 2.19 to 2.15 antenna vertical size (8.8 
in. vs. 8.6 in.) would cost the same percentage expansion of. the 
horizontal aperture for eqxial antenna-gain. — 

Satellite B is located 4 deg up from satellite A at an angle 1 deg 
above the satellite horizon when the design angle is 3 deg. The angle 
offset is 4 deg as in Figure 4-52, but 4 deg above the -3 deg. 

The antenna beamwidth can be varied (with diminishing returns) to 
extend the close range limit but the following general concliisions can 
be made : 

1) The altitude difference will cause a loss of gain due to the lower 
satellite antenna, but the higher satellite antenna will have an 
increase in gain almost offsetting the loss of gain. 
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2) The Altitude diffarenea with the paraaetars assumed and a 2.15 
wavelength size, will cause a loss of communication for angles 
above 3 deg down or about 75C km, 

3) An antenna designed to compensate for the altitude difference 
would noc be required to "scan" up to 4 deg above the horizon* 
only to 1 deg. 

Attitude and Pointing Errors • Field of View (FOV) 

If the effects of : ;«itenna pointing error are now included, whether 
caused by alignment or attitude error, the required antenna FOV can be 
defined. If the pointing errors are zero or small, of course, the FOV 
is net really defined. If the attitude errror is 10 deg and tf the 
antenna, pointing error is 2 deg, then the antenna FOV required would be 
-^/•ll deg or 24 deg about 0->21 deg (max range). 

— .-• ^ . . c 

FOV - 24 deg about tfmax for max range 



Side Note 

If peak power is used by the system for long range cases, the antenna 
pointing and h^amwidth will be modified J>ut j^fiftld of view and look 
angle analysis^ill be the. same. . ...-w^^Tr-— ... 

4.3.3 MAXIIfUM CCSS LI2« RANGE 

During the initial analyses of the MSSP— Phase 1, the communication 
range capability of satellite vs. the dc power requirements were 
analyzed. This analysis showed that the shorter ranges \:ere more cost 
effective from a dc power v^"P*ctive. However, when the impact of the 
probability of communication is coxxsidered, the maximum range 
capability can be seen in a different light. 



Increasing the cross lizik range to the maximum range canability of 5579 
km will result in significantly higher probabilities of useful 
communication experimentation in the prototype phase. During the 
operational phase, the total ntimber of spacecraft required will be 
reduced, thereby reducing the overall system cost. This is true even 
if the cose per spacecraft on orbit increases due to increasing the 
maximum range from 2223 km to SS79 km. 

The initial space demonstration of MSSP will consist of 10-20 prototype 
spacecraft that are placed into 67S km circular orbits by a single 
launch vehicle. This limited number of spacecraft cannot support an 
aroxmd-the-clock global communications system. However, it can provide 
several hours each day of communications service between North America 
and Northern Europe and between North America and the Western Pacific 
region. It can also provide up to four hours a day of regional 
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connaunicacion within Norcharn Europe. The primary purpose of che 
damonscracion phaaa will, ba to provide on-orbic varificacion of mosv; 
MSSP taehnologias.; Howovar. a cooplaca demons tracion of the network 
routing and ephemeris tracking technologies will not be achieved unnil 
several orbit planes, have been populated. 

The initial prototype demonstration can also serve as the first of 
three orbit planes that will form the backbone of an around-the-clock 
communications system. These three planes would all be at 57 deg 
nominal inclination with their ascending nodes separated by 120 deg of 
longitude." This inclination has been chosen because it provides the 
best Nrrth Atlantic coverage available from an ETR STS launch. Each 
spacecraft will be injected at a slightly different inclination and 
velocity so that they will continue to spread out in longitude of 
ascending node and ttue anomaly. An around-the-clock communications 
capability will be available in discrete latitude bands immediately 
after the spacecraft in the third launch have spread out 360 deg in 
true anomaly but before they have spread out significantly in nodal 
separation. For ground station with a 5 deg elevation- limit these 
initial latitude bands are 36.3 deg to 49.2 deg. The latitude bands 
- are reduced to 39.9 deg to 45.6 deg for ground stations with a 10 deg 
elevation limit. Ground stations at other latitodifes will have periodic 
outages at either 3 or 6 times per day until nodal spreading fills in 
the gaps. This will take about one year, depending upon the difference 
in inclination given to each spacecraft. _ 

^-This around-the-clock backbone system will be sparsely populated with 
only 30 to 60 spacecraft. Nevertheless, this will be sufficient to 
provide a basic communications network after nodal spreading. This 
initial system will have short Interruptions in availability due to the 
„ random phasing of the orbits. However, uniform cove rage should be 
considered before examining the probabilistic factors. Figure '6-63 
shows the number of spacecraft as a function of intersatellite range 
chat are required to uniformly cover the globe. The equation for this 
curve is: 



N - 



2/3 



[sin I Jl 

2(IU+h) 

Where X is the intersatellite range. Re - 6378 km is the radius of the Earth 
and h - 675 km is the orbital altitude. 

The angle given by the Inverse sine is expressed in radians. This equation 
is based upon an assumed uniform distribution of the spacecraft in a 
hexagonal pattern; each spacecraft has six nearest neighbors at a distance 
X. The results obtained with the assumed hexap >nal pattern do not differ 



appreciably from chose cbcained with other simple paCMms such as 
underlapping and overlapping circles. 

One of the largest multiplicative factors involved in selecting the required 
number of spacecraft for the constellation is the one due to random orbit 
phasing in true anomaly. The following approximate analysis was performed 
as a first cut at evaluating this effect. Consider M spacecraft in a single 
orbit plane that are distributed around the orbit with a uniform probability 
dansity of their true anomalies. lliis approximately characterizes the 
prototype demonstration system after some reasonable spreading in true 
anomaly but prior to significant nodal spreading. The probability that a. 
particular spacecraft will be within range of a specific second spacecraft 
in front of it is: 



.w ..... [ 2(R,+h) J . 

«har« tha noeaelon Is the saaa as in aquaclon (1). Tha probability that the 
particxilar spacecraft will be within range of a specific second spacecraft 
that is either in front or In back of it is 2p. There are (M-l) other 
spacecraft to consider. Therefore, the probability of g at least one other 
spacecraft that is within range ahead of a particular spacecraft is 

(M-l) ■ ^ . -■■ . 
P - l-(l-p) 

Similarly, ,the probability that there is~at least one spacecraft within 
range ahead of and at least one spacecraft within range behind a particular 
spacecraft is: 

(M-l) (M-l) 

JP2„ - 1-?(1-P) ♦ (l'2p) 

The probability PI approximately describes the likelihood of obtaining at 
laast one cross link connection in the direction of a desired ground station 
(e.g. the probability of communicating between Northern Europe and the 
Persian Gulf ) . The probability P2 approximately describes the likelihood of 
having at least one cross link in each direction (e.g. the probability of 
Northern Europe being able to communicate simultaneously with both North 
America and the Persian Gulf, or alterraatively of North America being able 
to communicate over a 3 spacecraft link with the Persian Gulf) . The above 
interpretations are approximate because PI and P2 refer to any spacecraft 
within range whereas an actual communications link depends upon the second 
spacecraft being at least a certain minimum range from the first. 

The probabilities PI and P2 are plotted in Figure 4-64 as a f^inction of rhe 
number of spacecraft in the orbit plane for two maximum ranges, 2225 vn- .md 
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Figure 4-64 Probability of Link to Other Spacescraft in Ore Direction (PQ or Tho Directions (Pg) 
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5579 km. Nlturally the probabllletes -for 'the shorter range vers ton are ouch 
lower and rise more slowly with an Increasing-nuaber of spacecraft than do 
-the probabtUtiea. for the longer range version. The primary purpose for 
deploying the-prototype spacecraft is - to- provide on-orbtt verification of 
the. MSSP design by performing communications experiments. These experiments 
have not- yet been defined, butt it Is likely that the low probabilities (PI - 
0 372 P2 - 0.129) of the shorter range version with 10 spacecraft on-orblt 
would'be marginal. The large Increase In the probabilities (PI - 0.713. P2 
- 0 493) for the 5579 km range version with 10 spacecraft on-orblt would 
greitly add to experiment flexibility and to tha performance of the evolving 
communications network as more orbit planes are launched. 

4.3.4 USK EQUATION 

This analysis was performed early In the Phase I study to Identify 
communication with trade concerns. To accomplish the MSSP primary purpose 
which is establishing a successful working .communication link, several 
design 'and system trades must be done to accomplish It at low cost. 

The system parameters follow: 

Transmit power: Drives the spacecraft size and weight cost. 

Range: Affects the transmit; power required, the system, time 

delays, and the number of *■ spacecraft necessary to complete 
the system. 

Antenna Cain: Affects the transmit power^ required and the physical 
size of the spacecraft. 

Link Margin: Adds confidence to the system capability. This 
margin ensures that as system components age, the 
system will still perform. However. this pad or 

excess- baggage- wi~U~~requlre~higher_performTOQ.e „of_.the 

system and create higher cost. 

Data Rate: Directly affects the required system transmit power 

required. 

These parameters can be combined in a single coaBunlcation link equation: 
Pr -PtGtCr (V4P1R)2 

where: Pr - required received signal 

Ct.Gr • transmit and receive antenna gains 

X - frequency (wavelength) 

R - range or distance between satellites 
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Tha ten Pr contains all of tha paraaacers ralavanc to cha recaiver design. 
Hany of tha paraaa tars vill^ ba .^dapandant upon tha typa of comaunications 
soda usad. . , Nona of. tha actual paraaatars and valuas ara fixed yet. 
Hovavar» an. as tiaata can ba aada which allows an analysis of tha KSSP link 

aquation and.a first cut at .tha comproaisas which much ba mada. Tha 

^aquation. for Pr is: • 

Pr - KT. + Eb/'No + NT + Loss 10 log (D) + Margin 

yhera: KT - noisa floor, 270 K - -204.3 dBW 

£3/yo - required signal to noisa level - 6.7 dB 

(MA Coo study) 

NF - receiver noise figure (estiaates) - 3.0 dB 

Loss • receiver detection loss . and signal - 2.0 dB 

to date power _ ^ . 

D data rata 

Margin - signal level "pad" - 3.0 d5 

-189.6 dBw 

or, Pr - -189.6 dSW + 10 log (D) 

Before proceeding any farther, additional assxioptions must be made: 

' Gr Gt; antenna gain transmit eqtial antenna gain receive 

- D: data rate -1, 5, or 12.5 Mbit/sec. This assumption 

will provide a baseline to see the effects of data rate. 

Frequency • 4 GHz 



With these assumptions, the link equation Tan be rewritten: 

Pr - -189.6 + 10 log (D) - 10 log (Pt) + 2G - 20 logtR(Xm)l - 104.5 
or, 10 log (d) - 10 log (Pt) +20-20 log IR(aa)l 85.1 

Vith a low-cost single antenna beam system, range and antenna gain refer to 
the maximum range and gain. Tha antenna gain and the range loss will 
compensate at close ranges* Therefore, tha term 2G • 20 log [R(Km)] is a 
constant. Or, 

10 log (D) - 10 log (Pt) + K 85.1 
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vhere K - 20 peak • 20 log [Raax(Ka)] 

Figures 4*65 and 4*66 can be used to determine the. relation of the link 
parameters. In Figure 4-65. the data rate and RF power are selected and the 
value K Is determined. In Figure 4-67. with the -determined value for the 
antenna- gain is selected and the: system range capability is determined. 
Figures 4-68 and 4-69 Illustrate the system range vs; the RF power for 
selected data rates and antenna gains. 

No hard conclxisions can be ascertained from this- analysis. However, several 
tentative conclusions can be drawn. 

1. Antenna gain: Should be as high as possible and at least 15 dB. 

2. Data Rate: Should be compromised to at least less than 10 Hbit. 

3. Range: The ay stem range is. driven by the. need to provide coqplece 
system coverage and the number of satellit**^. However, because of 
restrictions due to Earth reflections, the range might be restricted to 
3000 to SS79 Km. 

4. RF Power: With the above compromises, the RF power required can be 
lowered to less than lOOV and peak power averaging used for long 
ranges; \ ''f^' ■■ 

4.3.5 CONCLDSICN 

The analyses performed in this section addressed orbital concerns of 
spacecraft communication. They are not all directly radio, antenna, or 
satellite concerns but focus on the total satellite commMnication system. 
The restxlts of the analyses were: 

a) Limit the maximum communication range to 5579 las sxich that the 
coamunic'ation p"ath is above "ataospherer Attempting to- communicate 
across the limb of the Earth will encounter the problems of 
atmospheric loss and multlpath. 

b) The satellite altitude differentials of 625 and 675 km will require 
the antennas to be able to scan up to 1 dag above the horizontal for 
a 400 In minimum range. 

c) The probability of viewing another spacecraft is Increased greatly 
when the system is designed for maximum range communication 
capability: especially, during the prototype satellite phase. 
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5.0 SATELLITE INTEGRATOR SUBSYSTEM TRADES ^ _ . 

The satellite integrator subsystem trades are the areas of design study 
were the satellite power, attitiide control, and configuration; and the 
satellite/antenna and satellite/radio Interfaces. Conaaunlcatlon between 
team members resulted In reexamination r of-^soveraL areas of analysis. 
-This section will dlscxiss the analysis based upon the final require- 
ments from the third working group meeting (November 1986) . Some para- 
meters, however, stich ax satellite bus power, will be presented as 
trades to show the Impact of the variation of the : requirements . Making 
some of the final system trades easier to make In- Phase II Is the pur- 
pose of this Information. 

5.1 SATELLITE POWER 

The satellite power subsystem must generate, store, control and distri- 
bute electrical energy necessary for the satellite, antenna, and radio 
operation. The main components of the power sxibsystem are: 

Solar Arrays to generate energy 

Batteries to store energy 

Power Controller - > _to conttol:eneriy' storage 

DC-DC Converter to supply specif led voltages 

To meet the KSSP criterion of low cost, the powejc subsystem design must 
provide efficient use of all of the components. The solar array mecha- 
nical configuration must maximize the energy, output from a non- 
orientated satellite such that the' amount of array surface can be 
minimized. Besides the cost consideration of the subsystem components, 
the size and weight of the components must be factored Into the cos^ 
equation. The power subsystem will be the large st and heaviest element 
of thiTsateillte bus. this subsystem, therefore , wlTl~"rncr ease" the 
cost of the satellite launch and the number of satellites which can be 
dispersed per launch. 

The ."ISSP Phase I power requirements listed In Table 5-1, wert modified 
as Che study progressed with communication between the team members. 
Initially the average po««r requirement was 35W, then 50W, and finally 
75V. Therefore, various analyses will show ealeulations at differing 
average power levels. The analyses were performed so that final 
conclusions could be modified for the final requirements and be applied 
to any future trades In HSSP Phase II. The analyses to be presented In 
this section are: 

♦ Power Cost analysis which presents an overview of the cost 
drivers and the Impact of the power subsystem requirements 
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TABLE 5-1 fOWra^SUBSYSTDl DESIGN. REQUinS!^^^ . • 

■ . .. -, I .y ■ . •■'^-^ . - - ,, " ■ 
, ; Adaqiiaca^ Ot;biS:iIr Average 



MfniMl. Subsystem Slzm 



DRXVESS 



Bactary Failura 



Batcary Llfa 
BAttary Slsa/Waighc 



Solar Array S^li* 



Battary TaDn>Vratuj^a tb^ DEC^'C 



0/V Charga 
Dapch of Diacharga 



Efface on Temp 
80 - 90 parcant 



Bactary Dapth of . , ,^ 9,0 • 90 .parcant 

tytjcharga ^ ''''^^ : -^"-^ - ^ 



Tc^^ar Raquiraaanc 
?ovar Concrol 



*; . 
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* Array opcinlracton analysis which praaants cha Impact of cha 
folar array conf iguracion*^ : : i^. , - - 

* Bactary sizing analysis . 

* Solar array crada am.lysls %#hlch prasants a look ac an 
unusual machod of raduclng tha slza of tha solar array 

Finally, a daslgn of tha powar subaystam will ba dascribad for tha 75W 
avaraga powar ^ystaa. * • 

Tha final conclusion for tha powar cost on a low cost satallita such as 
HSS? is $5000 par watt at tha spacacraft laval and $7000 par watt on 
orbit. Tha largast cost drlvars ara tha solar arrays and tha launch 
cost for tha arrays. 



5.1.1 PCVO; SCTSYSTEM COST ANALYSIS 

Th's prallialnary powar systaa analysis will attaapt to provida a rough 
rathar than absoluta analysis of siza. waight, and cost for tha powar 
aystaa. Tha purpoaa Is to show tha ganaral lapact of powar systaa 
reculraaancs on slza. walght. and . coat. 5l?ica pha Satallita attitude 
control sfstaa was not - daflniidr an. "onxii sol'ar array was assucad fox 
this praliainary analysis. 

Tha following ass^-iaptlons , which ara statad at tha baglnning of 
«ach analysis, waraaada. 

♦ solar array: four panals spacad at 90 dag around tha satallita. 
Tha panal5 ara clltad to try to obtain unlfora solar covaraga 
(oanl array) 

♦ aolar "calls otTboth sldaa "ofT™!* 

♦ projactad araa of solar panals assuaad to ba 2 panals orbital 
avaraga 

♦ tha projactad solar araa paak araa Is 2.4 panala 
♦solar calls ganarata lOW par sq ft 

♦ orbit tlaa 96 aln: 32 shada, 64 sun 



♦ -voltaga ac aax powar: 33.4V 

Thasa assuaptlons, whlla providing a soaawhat broad basallna for tha 
powar subsystea, darlva tha subsystea cost drlvars and tha lapact c. 
tha subsystea raqulreaants . 
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SOU^ ARRAY SIZING 

Thm size of ths solar arrays nseds to . sufficient- to produce an 
orbital average output equal to the average system load plus a f^cuor 
for the battery efficiency. 

AVERAGE ARRAY '0UT?UT - 1.1 * ORBITAL AVERAGE LOAD 

The pover oucput of .the four panel systeoi vlll be the product of the 
array size, oucput rate, and sun/shade orbit period. • 

averaga projected array area • 2 ^ area (ft^2) per panel 

output rate ICV/ft^^l (conservative nuaber) 

ffun/shada tiaa • 64/96 

POWER OUTPUT - 2 ♦ 10W/ft"2 ♦ 64/96 /_1.1 - 12.11W/ft"2/paner 

This nuaber ia the array orbital average output for the four panel 
STScea. In other vorda, if an orbital, oucput of 12.11W is needed, the 
syst» vould use four. (4) one •foot, square panels. Figure 5-1 .ohcys the 
required size ^J^ona < of the four ?anela^![^vs.:.j9rej;^e required powers 
froa 20 tp 20CVi Vith an array veight of 0.3 leg per sq ft: and array 
cose of $630Q per sq ft (array on both sides). Figures S*2 and 5*3 show 
the weight and cost iapact of increasingly larger systea power require* 
aents. 

CAVEAT: The pricing, nuaber used in this exercise is based upon rscent 
proposals. Although reaaonably priced, this cost does not include any 
estimate for high production. A closer cost exaaination will be done 
later in this analysis. The array weight nuaber used is linear for 
increaaing array. Actually, for larger solar arrays, the weight (and 
coat) would increaaa with aore~ coap^licated~strueture«-and~dap^Loyaent ~ 
systeaa. 



S.l«1.2 BATTERY SIZZBC 

The size and cost of the batteriea required are also a function of the 
systea' s power requireaents. For a low cost systea, the first approach 
would be to size the batteries for current* Halting under the high 
array output condition. If the batteriea are sized (aap/hr) so the 
aaxiaua array oucput will not overheat the batteriea, then a costly 
power control systea would not be needed. The trada is the cost and 
weight of the additional batteriea on the spacecraft. 

The equation for the sizing of tha batteries is: 
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C/IO - MiOC- ARRAY OUTm « .MIll. IjOAD REQUIRED 

Tha C ts ch« cap«cicy of Che bacceries.-- Th*: td«« is -eo limit ch« naxi^ 
sum charge rate of che battery, which is the, array maxiaua output minus 
the system minimum - load requirement, to- one- tenth of the battery 
capacity. The' one -tenth value is. a nominal number as a trade for bat- 
tery life. The bactery--si2e-ls -therefore:— — , « . 

C - 10 * (2.4 * 11 W/ft*2 * PANEL (fC*2) ) - L.F. * AVERAGE MAD 

where L.F.- load factor or the ratio of the minimum power required to 
average power required. .. 

Since this equation deals with peak power, the factor 64/96 which ac- 
counts for orbital averaging is deleted. The array output is per 
sq ft of array panel. The difference between using 11- and lOJ/ft 2 
is to account for the beginning vs. end of life of the array output. 
The peak surface area projection of the array is 2.4. The load factor 
(L.F. < 1.0) is used as a variable and shows the impact of the varying 
duty factor of tha payload power requirement, e.g., transmitter on/off 
periods. 

Figure 5-4 shows the required battery size vs. the system average power 
for power from 20 to 200W. The battery sizes required can be quite 
large. To ^et a concrete idea of sbattary siafe raquirements .these sizes 
(amp hr) must be converted into weight, volume, and cost. The weight 
was estimated at about 1.14 kg per amp hr. The expected weight per 
system power is shown in Figure 5-5. The battery size will be about 35 
.cu. in. per amp hr and is shown in Figure 5*6. The cost of NlCd bat- 
teries is between $4000 per amp hr. for high reliability and high cost 
units to §1000 per amp hr. for selected commercial units. Lead acid 
batteries cost about $200 per unit. Figure 5-7 shows the expected 
battery cost (L.F. -I). Figure 5-8 is a representation of three battery 
sizes to ihow the Impact of larger system power requirements. 

CAVEAT: The battery weights are based upon NlCd batteries. Lead acid 
cells will weigh somewhat more. Nickel-hydrogen batteries with pres- 
sure vessels would weigh much more. Also, for the larger batteries, 
some additional weight will be needed for thermal control and struc- 
ture. 

5.1.1.3 POWER SUBSYSTEM COST ESTMATB. 

The total system cost vs. power system requirements will Involve the 
array, battery, and system launch costs. The launch cost is dependent 
upon the launch vehicle used to orbit the satellite. But, since this 
is a preliminary analysis, the cost of launch via the space shuttle 
will provide a representative number. The shuttle launch costs are 
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AVERAGE POWER REQUIRED (WATTS) 

Rgurs 5-5 Battery Weight Versus Average- Power Required 
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based upon both payload size and veighc which can be calculated by 
existing formulas. The. final cost is the larger veighc or size. Since 
payload size villT.depend. upon , the.satellite. £inaL..xon£iguration, this., 
pre liainary analysis vill use the power system weight cost which is the 
weight of the batteries and solar arrays. 

Based upon a shuerle payload base cost of $7SH (28.5 deg launch) the 
cost equation is: 

Coat - $7.5M. (Payload Welghc)/(.75 * 65000) 

or $1538 per payload poxind. (The cost increases for 57 deg and 90 deg 
inclination launches.) The launch cost of the solar arrays and batte* 
ries vs. the power system requirements is shown in Figure 5-9. 

The total system cost (array ^ battery > laionch) based upon the use of 
commercial batteries is shown in Figure 5-10. 

CAVIAT: As was stated above « the launch cost could be modified if sys* 
tea size with large solar arrays requires that the cose be based upon a 
size- baisls. The laxmch costs are also based upon a $7SH shuttle cost 
li^ich could increase. 

5.1.1,4. POWEa SUMYST2H COST REDUCTION ^^^f — ; r 

Clearly, the cost, size and weight of .. the higher power system levels- 
previoxisly described are too great. Cost reduction will begin with the 
size and weight of the batteries. The previous analysis was performed 
with a low cost power system (current limiting) . The battery size was 
the controlling ftinction of limiting the charge ratio into the battery. 
3y correctly limiting the ctirrent, the battery lifetime can be 
extended. Another, though often more expensive, method of extending 
battery life is to control the battery charge cxirrent based upon the 
temperature of the battery. This system-could limit- tha charge-ratio- 
to the battery to C/2 rather than C/10 with the stipulation that Che 
true charge .ratio be controlled by the temperature of the batteries . 
If the batteries are cool and not fully charged, the charge ratio could 
be C/2. However t if the batteries are fully charged » they would become 
want as the arrays atceopt to overcharge them. ^ At this point, the 
controller would sense the battery temperature and limit. the battery 
charge to a much lower value. 

Various methods of charge control are available: shunt load (dximping 
power into a lf>ad resistor), array switching (switching part of the 
arrays off), aid others. The Important parameter is the maximum allow* 
able ratio and the estixaated cost of the controller. If a cost-effec- 
tive reliability program and adequate testing (bum* in) is performed, 
the cost of the controller could be limited to $20K (for large 'iM «t'{'ity 
builds). The charge ratio maximum could be set cu c/2. 
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AVERAGE POWER REQUIRED (VWTTS) 
Rgure 5-9 Launeft Cost tSteooV Vefsus^veraqe Powgr Required - — ^; 




Figures S-Il chru S-16 show battery cost, slzj, and weight curves sirni* 

lar to Figures 5-4 - thru 5-10 for a system with a charge controller 
, limiting ' the:' maximua charge- to 'C/2 - ■ — .^."^^^-^^r^-^ ....^r*. 

''^-w^r^, 

The cost of tha^^solar^ array used in .^ this analysis was $6.3K^t If j this 
-cost were reduced by one -half by producing large quantities, the tinai 
system cost would be as shown in Figure 5-17/ An optimi:»tic cost of a 
200V system in 240 units follows: 

.__*JUaJNCa: v.-....^n65 . *. '". .. .„ 

* ARRAY: $208K 

* BATTERY: - $ 14K 

* CONTROLLER: $ 20K 

Possible ways to reduce systsm cost follows. This analysis, performed 
early in the HSSP Phase 1 study, identifies areas of concern to other 
team members. 

The largest cost drivers are the solar array and launch cost. Reducing 
the power reqxilre^iftwill decrease the system cost.- ^^nMHHir 

Several options exift to reduce power requirements. Two conventional, 
and one unique approach are: 

^ Redtice system data rate 

* Reduce range 

* Reposition transmitter amplifiers 

Reducing the system data rate will impact many other subVystem power 
requirements. The transmitter will require less RF power to complete 
the link, and the processing speed, (directly related to power) will be 
reduced. 

Reduction of the system range requirement reduces the RF power 
required. .It would also reduce the attitude control power requirements 
^pointing) and possibly the required antenna, beamwldth or number point- 
ing positions. " ' 

The transmitter RF amplifier coxild be repositioned to each antenna, 
element rather than a central amplifier. The antenna switching and 
phasing components (S&P) will have losses which affect system power 
efficiency. If the transmitter RF output was 200V and if, for example, 
the S&P losses were 3 dB, the S&P would absorb lOOV of the transmitter 
'.output. With a transmitter amplifier efficiency of 25 percent, the 
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• ffecc otV the^S&P w^uld be^OOW. Ccnverstly, with dlscxibuccd amplifier 
at each antenna eUaenc, Che absolute power magnitude of the S6i? losres 
iz l*5s. Also; since the SiP Is required to awicch lower power levels, 
le^s powar is required for the electronic switching which could pos- 
sibly be faster. . - 

5.1.2 SOLAR AI^AY OI'TIMIZATION 

The larg-^st cost, driver for the power subsystem is due to-the solar 
arrays. A crucial parameter in designing the power subsystem will be 
to maximise the array energy output vs. cost. rh« output can be maxi- 
mized by increasing the individual cell output efficiency or by 
increasing the. orbital average projected area of the array. This sec- 
tion will analyse, the v:»rlous solar array configurations to obtain a 
better solar array configuration. 

Nov that the relative sire of the battery and solar array hav* been 
cnalyred for an bmnl-dircctlonal solar array (Section 5.1.1), an analy* 
sis to reduce tha cost of the solar array can be undertaken. The omnl 
atolar array is independent of the satelUte orientation. It consists 
of four double-sided solar panels or eight arrays. If the satellite 
waro iiadlr-orlencaced and in a 97 deg polar orbit at 6 o'clock, the sun 
would always be on one slda of th^ aacellite. Therefore, two solar 
panels with solar cells on one -slda facing xhe suii could provide th^ 
same amount of pow^r as . the ^Ight panels . ; Since the sun would be 
continually in view, the size of the arrays (orbital average) could be 
Individually s.Mller than an omnl panel. A significant cost reduction 
is realized. ^The amo^t of solar cells reqtxired is reduced by three- 
quarters. For- example, if the solar arrays cost $100K for the onsnl. 
the 2 panel system would cost less than $22K. Other cost reductions 
would follow due to- weight and size reductions. The front of the cmnl 
system vould cf>nslst of two solar panels which would impact the orbital 
lifetime and *ittitade stabillr/ of the spacecraft. This frontal area 
. (araVaAas:A/rO™WOuld„be„.close t o zero (sideways to orbit direction ) 
and cause the spacecraft to be more stabilized in yaw. 

The previous example is an extreme of possible spacecraft. orbits. 
However, It does demonstrate the approach which ibusc be taken to reduce 
the cjst of the MSSP spacecraft. If careful design Is used, the bene- 
fits of multiple build will not be lost and the additional cost savings 
of optimum design realized. The omnl pattern produces a very low 
maximum-minimum power output variation. The low variation allows for a 
low-cost power controller. The cost trada must be made comparing the 
cost of the solar array vs. the controller and considering the perfor- 
mance parameters of frontal area, power output, weight, and size. 

Figure 5-18 shows four possible array configurations. The omnl pattern 
array is the reference unit. The Mansard Is a compromise of the omnl 



pacrern untc wlch th« soUr array on ona slda only. The roof top unit 
prpvidaa a comproatsa of cha Mansard wlch a amallar frontal ariia. The 
flujh unit provtdas tha minimum frontal araa by simply attaching tha 
solar array to tha cop and sides of tha uppar spacacrafc modula. 

A maans of coW«ing. cha solar array output is nacassary. Tha oucput 
tor tha omni array was 12.44W par sq ft of srray panal (Sactlon 
5 1.1.1). (10W/fc''2 vaa a consarvatlva nuabar usad in tha praliminary 
aaaiyiisof Saction 5.1.1.1. For latar analysis a numbar closar to 
actual orbital nuabars (12.44) was usad.) A sq ft is actually four-sq 
ft panals. wich solar arrays on boch sldas. Tha^powar oucput par panal 
sq ft. is: - 

12.44 W/ft"2 

- 3.11W/ ft*2 of panal 

4 panals 

In taraa of solar calls,, (bacausa calls ara on both sides of the 
panal), tha array output is 1.9W par sq ft of actual solar cells. 
Thasa nuabars ara tha orbital average output power of the solar array 
(Cursory projection refined numbers will be presented later). Similar 
nuabers (W/ft^2 of panal) produced by other solar array orientations 
will be \ised to coapare tha solar array performance. 

Before describing the performance of -various types, of solar array 
configurations, it is important to describe Ae phenomenon of the Sun 
ar*gle. Figure 5-19 shows a sketch of the Earth/Sun "solar system* and 
the Sun beta angle for an inclination angle of 0 deg (orbit plane is 
the equator). The Earth's equator is tilted about 23 deg to the 
Sun/Earth line; thus producing summer/winter. For a spacecraft 
orbiting in the equator plana with nadir oriancation, the Sun's angle 
to the orbit plana will vary froa zero deg (equinox) to V- 23 deg. 
Therefore, the angle froa the solar, array to the Sua will vary with the 
tiaa of tha year. Also, the Sun/solar array angle will vary with the 
spacecraft inclinaticn angle. -This — bata-angla-variation^ef f ac_t_woia 
not be important for an oani pactam array, except for the Earth 
eclipse. Tha effect on other solar array designs of the expected 
Sun/array anglea will causa variations in the solar array outputs da- 
pending upon tha satellite inelipmeion angle. 

Figure 5-20 shows tha beta anglea possible for tha satellite in the 
equator plana. Beta angles vary froa zero to 23 deg with respect to 
the %Z satellite orbit plana. Tha variation of tha beta angle for the 
zero inclination angle spacecraft is caused by the Sun's seasonal rota- 
tion. The aaxiaua possible beta angle for satellite inclination angles 
other than zero would ba the sua of tha inclination angle and 23 dsg. 

BETA (MAX) - 23 Ai 
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Figun 5-20 Beta Anqla Equator Satellite 



-U4- 



For Incllnadon angles othar Chan zero . nodal regression vlll cause che 
crbic plane to rocace and che . sacellite beta angle co vary between + 
and* beta max. 

3v using che beca angle cechnique, aiialyzing the effecc of spacecraft 
moclon on che spacecraft solar array oucpuc Is easier. The solar array 
oucjiuc of axxy satellite *rlll vary with inclination angle, season of the 
year, etc. With bera angle, a** analysis can be done which reveals 
orbital, output allowing satellite power to be properly sized. 

The beta angle affects three iopbrtant factors: 

* solar array output 

* sctelllte eclipse time 

* satellite theraal effects 

The theraal effects %rill not be addressed in the study. The satellite 
eclipse ciae is Che ciae chat che sacellite is hidden from the Sun by 
the Earth. Figture 5-21 shows the satellite eclipse angle vs. the satel- 
lite beta angle. Note that for beta angles greater than 70 deg for an 
altitude of 650 km, the eclipse angle can be^lSO deg., Intother words, 
periods will exist for satellites with inclfnaldLon angles greater than 
deg where the satellite will view- the sun continuously. Figure 5-22 
>hows che eclipse else as a percencage of orbit vs. the beca angle. 
The eclipse cime in minuces vs. beca angle is exhibited in Figure 5-23. 
Jhe solar array oucpuc is greacly affecced by-rChe angle of che sun co 
:ibhe solar array. 

Racher Chan addressing che projecced oucpuc of a parcieular solar array 
configuracion, che analysis firsc looked ac the oucpuc of single arrays 
Cilced toward the velocicy direccion and coward che orbic nonnal 
^(Flgure^ 5-24), Any MSSP array configuracion-will be-a~ combination -of 
these arrays. The MSSP spacecraft is assumed to be nadir -pointing but 
uncontrolled in yaw. 

figure S*2S is a brief description of the solar array orbital average 
^ower output power equations. The array output constant is assumed to 
|be 12.44tf per sq ft. This number will be dependent \xpon many factors, 
'including temperature, array glint angle, and radiations effects. For 

this analysis, which is the array configuracion, it will not be a 

crucial factor. 

Figure S-26 and 5-27 show, for various tilt angles, the orbital average 
outputs of a solar array tilted toward the spacecraft velocity direc- 
tion. The top curve is the orbital average output for a zero degree 
tilt; the solar array is pointing anti-nadir. The zero degree 
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Figure 5-25 Power Output Equations (Orbital Average) 
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* Rgum 5-27 Power Output Versus Outer Panel Tilt Angle 
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Fgure 5-26 Power Per Sq. R. of Array Versus Be^fer Various TiSt Angles 
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tilt shows chac ch« orbital power prodiiced will decrease as a cosine 
function wich the. Sun angle. When Che. Sun is.ac 90 deg, che Sun is 
positioned at chet edgo of che solar array for the full orbit and the 
solar array will produce no output. . 

Figure 5-27'^shows -small variations of power output as the tilt angle nf 
the array is increased. Figure 5»26 shows the variations of power for 
larger tilt angles. The 90 deg tilt is when the solar array is mounted 
to the side of the spacecraft. The power output with an array tilt of 
90 deg and a beta angla of 0 leg is much lower than the 0 deg tilt. 
This condition is caused by the array being-hidden during part of its 
orbit by the solar eclipse. As the beta angle approaches 90 deg, che 
90 deg tilt array output approaches the output of the 0 deg tilted 
array. If thesa solar array configurations were che only choices, then 
for a satellite orbiting at 28,5 deg (beta max - 51.5), the optimum 
array choice would be a 0 deg tilt and the solar array size would be 
-calculated using 2 :5W/s*q--ftf average array output. The sizing of the 
solar array must use the lowest orbital average power output. If the 
inclination angle were 57 deg. it would not be possible to build a 
suitable array with only a forward tilt because of the zero cutout when 
beta equals 90 deg. 

Figures 5-28 and 5-|S show the orbital^^^age poorer output from an 
array tilted toward the orbit nonuil or tot>ard right of tiie satellite 
and the Sun as the satellite flies. The zero degree tilt has the same 
results as the forward tilt of zero degrees. - As the angle of tilt 
increases, the power output for a beta angle of _zero decreases and che 
ou^ut for the higher beta angles increases. Figure 5-29 shows chat 
_for a tilt angle of 90 deg, the power output approaches a sine wave 
with zero output when the beta angle is zero and 12.44 when the beta 
angle is 90, The 90 deg tilt condition exists when the solar array is 
mounted to the side of the spacecraft looking to the right side of the 
spacec raf t. Both Figures 5-28 and 5-29 sho w e levated curyca for^beta 
angles of 50 deg or larger. The eclipse region is slowly being reduced 
while the tilt effect is being seen. For example, the 25 deg tilt 
power greatly increases for beta angles between 60 and 70 deg and then 
proceeds with the normal decrease expected for beta angles between 70 
and 90 deg. 

When the angle of the array til tad toward the forward dirtction is 
negative (tilted backwards), the orbital power output will be of the 
same form as a positive tilt angle. When the angle of the array tilted 
toward the array normal is negative, the result will not be the same. 
Figure 30 shows the orbital power output for a negative angle. 
Again, the zero angle Is like the other zero tilt angle cases. For the 
other tilt angle, the outputs are sine type variations down to zero 
output when the tilt angle plus the beta angle equals 90 deg. 



i 

ill 



OL 
UJ 



11 















■■ 1 


1 <^ 1 














A 


















1 














1 1 














© 0 deg ■ 














^ S5 deg 














® 65 deg, 
^4^ 75 dea 








^ 






__-0 90 deg 





























10 



20 



30 



40 



50 



60 



70 



80 



Rgure5.29 Pnwer Per Sc. R- of Array Ve rsus Beta fcr Various Tilt Angles 
• / p<(pai Tilted Towp rri Qrhit Normal y TP 90^ ^ ^ 



SO 



4 

t 

-o 

CO 



er 



•GC 
UJ 

\ 




80 90 
A/N 7821 

Fgure 5-30 Power Per So. R. of Array Versus Beta tar Various Tilt Angles 
• fPanat Tilted Toward Orfalt Normal Neioative Anole 0* TO 45* ) 

- -•- - --122- : " 



The orbital avaraga p6war-output"^o£ "tha > roof top array of Figure 5-13 
can be calculated by uilng tha iofotMCion froa figures 5- 26--through 5- 
30. Figure 5-31 shows this, array configuration outpuc vhen the 
spacecraft files «vith the •dga**--^of'"*'the'^ arrays 'In :;the velocity" 
tlcc. The t^r urayj ' (positive and negative tilt) seem to coinpl^ment 
each ochar and produce a -flatter response vs. beta angles especially 
for the 2S deg tilt^angle. Hovever, . if .^the. spacecraft, were to yaw by 
90 dag, the array output would becoae as that in Figures 5-26 and i-27 
^nd would be unacceptable for- the • hi^er beta angles. Therefore, thee 
array configuration suae be. symetrical. 

FUJSa rtCTOT ARRAY 
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The flush-fflountad sclar array is always the most desirable from a . 
structural and deployment standpoint. Flgura S-32 shows the orbital 
average power output froa an array of four solr.r arrays around a box 
str*^ture. The arrays have a l.SV/ft'^2 orbital output when the beta 
ang^a is zero and a aueh larger output when the beta angle^ is .90 deg. , 
If^olar arrays vera> new placed on the top.^^^a .spacecraft ^bpx, more 
ouq^ut would be obtained for the low be taf angles. Figure 5-33 shows 
thi)^ comparison of solar array outputs for four flush panels with their 
output, an equal-sized top array, and four flush panels with a top 
array twice .the size of the side panels (weighted array). The curves 
are curput per sq ft of array. The five panels will output more power 
-tii^n the four pmasIs, but the criterion is the array efficiency. The 
vei^ted arr:ky has a higher average power and a much flatter response 
of output vs. solar angle. 



The Hansard roof is an adaptation of the flush mount array. The arrays 
are tilted vlth respect to the spacecraft rather than flat as in the 
flush ao\mt. Figures S-34 and. S -35 illustrate the orbital.average 
oucpuc of four panels tilted with respect to the spacecraft (no top 
panel). Figures S«36 and S-37 illustrate the orbital average output of 
a ce*tplece Hansard array configuration. The four .panel arrays with a 
tilt angle of 33 dag seen to have the flattest power output response. 
ThTe power output on an orbital average basis is about 3V per sq ft for 
a beta angle up to 80 deg and a miniaoi of 2.33. When the fifth panel 
or the top panel is added, the optisua tilt angle is closer to 73 deg 
which has a miniaua output of about 2.4 W/ft^2. 

If the average required spacecraft power was 66W, the four panel array 
would consist of 26 sq ft of .solar., array or four pane Is,. .each 6.3 ft. 
sq. The five panel Mansard would roquire 27.3 sq ft of array or five 
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Rgure S^ Povyer Per Sq. R. of Array Versus Seta for Various Tilt Angles 
("Omni" Array Output Q* TP 55") 



-121- 



panels (Including che top panel) each 5.5 sq- ft. The five panel 
Mansard is not quite as - eff iclenr as"-^^ the^ four panel design, but the 
struct\ire vould be smaller producing a - savings in ^ launch cost 
coopensatlng for the larger number of solar cells. The trade bene en a 
Hansard and four element array will clso depend upon the- spacecraft 
mechanical and: deployment considerations. 

OMNI PATTERN 

The omnl pattern solar array Is the combination of two arrays of four 
panel tilted arrays (excluding tha shadowing effect of the other solar 
arrays and the satellite) . The first array is orientated upward and 
produces the. same. power outputs. The second array is orientated to 
nadir. The addition of the downward- looking set of solar arrays pro- 
vides a more uniform power output over an extended portion of the orbit 
during which the upward arrays are beyond 90 deg to the Sun. The down- 
ward arrays do not produce much output for" low Sun angles because the 
array Is either blocked by eclipse or is facing the Earth rather t^an 
the Suii. When the Sun Is at a high beta angle, the combination produces 
a uniform total power output Independent of the spacecraft yaw 
orientation.- Flg'ore 5-38- Illustrates the orbital average output of the 
nmnl array with, the tilt, angle from C* to 55 deg. the optimum tilt 
angle Is about 45 deg. The average ^output Is 2.C5W per sq ft of solar 
array (cells'bn boch side of panel), Thls^nunber Is very close to the 
previous' estimate of 1.9W per sq ft.* ' 

The advantage of the omnl solar" array Is uniform total power output 
(excluding eclipse)". The four panel arrays will produce a sine wave, 
type of power output and the power controller will have to be capable 
of regulating the power output for varying power. The lower panels 
extend the power output cycle between eclipse region and the power 
output of the upward panels . The omnl array has an additional advan- 
tage of producing about the same power output as If the spacecraft were 
,lcs:erted. The_.dlsa*T-n.tages of t he omnl arr a y Is that whi l e the s econd 
set of arrays will Increase the power output for the same panel area 
and smooth this power output. It Is at the cost of using a set of 
arrays In a very low efficiency mode^ The system power output per sq 
ft of solar array will be Ztf per sq ft rather than 2.4 and this does 
not Include blockage due to the satellite. 

5.X.2.2 ABSAY OmillZATlON CONCUJSION 

The solar array configuration must be a balance of cost and perfor- 
mance, especially for the multiple spacecraft. The cost of an addi- 
tional battery and more expensive power controller Is much less than 
the cost of solar arrays and deployment mechanisms. The solar array 
configuration must also be symmetrical and must provide the minimum 
frontal area to reduce spacecraft torques due to aerodynamics. The 
four panel Mansard array with a tilt angle of 55 deg will provide this 
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balance. Tlia array sire for^ a . SSV. systsia, assiiffllng a 12.44 array 
cons cane and a l.I charge afficiency, would ba:.^. 

-or each panel would be abouc 6 sq ft (30 in. x 30 in*) 

The ocml array area required would be; 

(S5/(2-05/l,l)> - 29.5 sq fc ' 

or each of Che. four, panels would be abouc 7.4 sq ft (32.6 in. x 32.6 
in.) wich solar arrays on boch. sides. ' 

The froncal area of the omni woixld be alsosc cwice tha flac. array. The 
weighc, deployaenc mechanism, and doubling Che' number of solar cells 
would drive up cherj omni* cose. 



The final conclusion of che size and shape of Che solar arrays is a 
compromise between. che mechanical configuracion of. Che sacellice for 
minimum cost Chrough launch. The design muse cons ider^ Che pro jecced 
Semperacures which modify che array constant^l2.44W/fc"2)5,: :che size of 
Che ahceT3ia for HSSF, and che area-co«mass racioa forlcbe gravity 
gradienc boom stabilization. The curves presented in this ^analysis can 
be used in the final, satellite configuration. 

5.1.3 POWER SUBSYSTZH AND CONTROLLER ANALYSIS " . 

The power requirements of the MSSP spacecraft were narrowed during che 
MSS? second working group team meeting to 55W. (During the t* ird work- 
ing group meeting, the power level was increased co 75W. Thi analysis 
was performed with 55V, but. the conclusions are still applicable.) 
With 1thls infbraatibn* theT power "subsystem configuration "cou 
vanced. The design cannot be. finalized, but several areas impacting 
MSS? cost can be identified. This section will state thi» basic re« 
qulrements of any satellite power subsystem, the MSSP power require* 
Mnts , and analyze the possible stibsystea design. 

^e three main areas of design for the power subsystem are power 
^controller, battery size, and solar array configuration. The solar 
Sirray configuration, discxissed in the previous section* is a major 
driver in the selection of battery size and the power controller. This 
section will analyze the MSSP battery and power controller. 

5.1.3.1 BASIC TENETS OF POWER SUBSYSTEM DESIGS> 

The following tenets are the areas of design crucial to rJie performance 
and life of the power subsystem. 
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BATTERY SIZE: The bactery size Is controlled by the amount of power 
(cxirrent) outputted by the solar array at^ maximun output, minus the 
ninifflum load current, required by the satellite; The maxiaum current, 
which can be -controlled by various neans:.imust: be dess. than, the battery . 
specified charge rate^ (C/x) The batteries: must . alsa; be large enough: 
to supply power for night spacecraft: operation within the allowable 
state of battery discharge- 

SOLAR ARRAY SIZE: The solar array size oust be large enough for the 
daily orbital average power worst case to be greater than the daily 
power usage. 

BATTERY FAILURE: Battery failure is strictly a function of the battery 
tea^erature. If allowed to become too hot the battery will fail. The 
battery theraal control will require the satellite surf ace- finishes to 
allow the satellite to run cool. The battery charge control will have 
to limit battery overcharge to limit battery heating (battery size). 

BATTERY LIFE: The battery life is a function of the denth of discharge 
that Che battery is repeatedly exposed to and the total number of dis* 

^charge cycles. An optimum level of depth of discharge is 80 to 90 
'\ percent. Depths greater than these will greatly, shorten the expected 

.-batter^ life. \ ^ — ' - ■ - -^"^ t 

'**the design concerns to be addressed can now be listed in order of prio- 
\ rity. 

SATELLITE FOWER SUBSYSTEH CONCERNS : 

1- Satellite Power Required 

2- Solar Array Power Output Variation With Orbit 
3* Satellite Load Variation 

4--Sattery Weigbt-And-Size_ 

S* Satellite Power Control System 

The satellite power sxabsystem concerns are listed above. The first is 
the magnitude of the power required for the satellite, antenna, and 
^ radio. It also determines the size of the solar arrays. The second 
^ concern, the solar array power output variation, (addressed in Section 
5.1.2) will require sizing the solar arrays so that the output is suf- 
ficient to supply the required power on an drbital average. The 
satellite power load variation will require that either the satellite 
batteries are large enough to prevent large overcharge currents, or 
more costly charge current controls will be needed. The battery size 
and weight, and the satellite power control system are the two para- 
^ meters which must be negotiated. The battery size and weight, which 
impacts satellite launch cost, must be traded with the additional cost 
of an expensive battery charge control system. 
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5.1-3.2 MSSP: SATSLLITS: REQUIR£D-:.POWER v - ' ^r.: 

Thd following- power levels, -we re defined during Che. second working aeec* 
Ing, Alchouglu: cheirxequiremencs changed^ later; in che study. nhe:^analysis- 
frpa the ^^cuad ..working group levels will, be used here These numbers 
will not detract from the final conclusion of the analysis,. Section - 
5.1.5 discusses the final design conclusions with final power require- 
ments. ^- 

Antenna 5 

Radio 30 

Proces/ or/antenna _ 
Processor/baseband . 

Satellite 

Power — 
Thermal 

AC&DS 10 

- ^ C&DH 10 

^ Tbtil 55 ^ V ' ^^^t . ^ . - 

5.1.3.3 SATTS2Y SIZE 

TfiW sat.ellite battery size Is dependent upon power control techniques. 
Tfti simplest approach is to \ise current limitir.5, where che battery 
cipacicy divided by IQ <C/1G) is eqxial to the paak charge capacity. 
This approach requires large batteries. The second iipprcach uses a 
power controller to limit peak charge dependent upon the battery temp- 
erature and sires tho battery r.apacicy at C/2. This second approach 
-ailows-smaller battery capacity, but--causes-other~problems-^iscus.sed 
later. 

The battery sizing will be dependent upon the acceptable charge rate 
and the solar array output capacity. From Section 5.1.2.2 with a 55W 
system, the solar array $lze is 24 sq ft. The peak array output with 
panels tilted 55 deg is: 




33.4V 



The batteries will first be sized with a power controller so that the 
peak charge capacity can be C/2.. This controller would limit the 
charge depending upon the battery charge as indicated by the battery 
voltage and temperature. But. the battery is sized by the max charge 
rate. 



•131- 



C/2 • max:..an:ay oucpue • ain load . ? 

C/2 - 3.12 amphr -SSW/ 33.4V 

C -^7;fl. ; ■ ^ - " - - - 

Tha siaplor powar concrol mathod, whara battery currant limiting la 
used to control the- battery charge, would require that the battery 
capacity be determined by the same aquation as the temperature* 
controlled unit:, but with a raaximua charge rate or C/10. 

C/10 - (2,1 * llW/ft"2 * 5.45 ft^2 -551 W / 33.4/V 

or, C « 21.2 aophrs. 

The battery is subjected to a trickle charge once a full charge is 
obtained. The simpler power control approach requires larger batter* 
ies, which increases weight and could increase satellite size. 

The trade between the two controller approaches is cost and weight of 
the additional, batteries vs. cost of - the controller design, fabrica- 
tion, and reliability. If the complex power controller is_chosen, then 
the type of con«oller must be chosen. -AndiEKeiT .parameter affecting tho - 
-%rade is satellite lifetime or battery depth of_ discharge. The battery 
-osise must be sufficient to allow the depth of discharge of the batter- 
les to be within, the desired levels. The depth of discharge will occur 
during the night-time of the orbit, or for 32.^in of a 96 min orbit (32 
of 96 or the worst case beta angle must be chosen for this 
calculation}. The depth of discharge will be:^- 

55W/28V ★ 32 min * 1 hr/60 min - 1.05 airiphr 

For_a_4.24 a»phrL_battery_^the depth o£--di,scha4.'-ge-wilLbe--3_05/4^„or 

25 percent. Effects of the size of the battery and the depth of dis- 
charge can be seen in Table 5 •2. 



TABLE 2 DEFIH OF DISCHARGE VERSUS UTTESX SIZE 



DEPIH OF DISCHARGE (%) 



5 

10 
15 
20 
25 



AATIERY SIZE REQUIRED (AMFHR) 
21 

10.5 

- 7 
-"5.2 
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If the depth of discharge is required to remain below. 5 to 10 percent 
in order to extend the: spacecraft life tiiae, the battery size must be 
expanded to between II and 21 amphr, . 

The battery size needed to ensure low depth of discharge and satellite 
li^«^ioi« t« basically the size needed frr -the simple power control. 
Both the satellite lifetime and controller . requirements are met: by 
using the larger size batteries. Bec^iuse the. battery size comes in:, 
units of 6 asphr/ the optimum battery size would be 24 amphr. The 
final sizing of the batteries and power controller trill : depend upon the 
final power system requirements. The preliminary conclusion is t^at 
the simpler power controller with larger longer life batteries is the 
best choice for the MSSP. It will mean that no network processing 
capability will be required for the power system control. 

5.1.4 POWZa STJBSYSTEM TRADES 

As part of the MSSP Phase I study, various, techniques described in this 
section, were investigated as either new technology or techniques to 
redxice the cost of the MSSP satellites. The MSSP extra battery storage 
des^cribes the possible use of larger batteries to filter the duty cycle 
transmitter on/off operation. The solar array trade describes 
aa approach to reduce the amount of solar^ ^urray by orientating the 
satellite and yawing^ the spacecraft 180 deg every 37 djlys of so. The 
larger spacecraft battery trade analyzed the use. of-larger batteries to 
* lower the required solar arrays. Although the results of these 
anjtlyses were not positive for the MSSP, the analyses are presented as 
part of the work performed during the MSSP Phase 1 study and as part of 
^e open-minded approach in solving the MSSP low cost objective. 

^. 1.4.1 MSSP EmA BATTERY STORAGE 

pylixainary analysis of_ the power sxibsys tem determined tha t the 
""lowest "power system was also the lowest cost. Although this was a 
fairly obvious conclusion, it is difficult to operate on a 40W power 
subsystem irtien the radio requires an average of SOW. A possible solu- 
tion is to use extra battery storage. 

Ex^ra battery storage would filter the variations of system power re- 
quired. The SOW of power will not be required continuously but depend 
upon how active the MSSP system is.. For example, if SOW is tised 
continuously for 20 mln and then not used for 170 min, the long term 2- 
orbit average power is actually lower than SOW. If the non- transmitting 
power required is 30W, the average power would be 35W. The differen- 
tial in power (30 to 80V) for the 20 mln could be made up by using a 
larger battery which filters the power requirement fluctuations: a 
battery filter. 
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Jha. equacicn- -f or^tim^sizing - of^the^extra^-bmtcery is ^i^^^^: 4.h ^ : ^ySr. 
(Peak pow#r-system>--power)- *^*--*du^^ * 3.2 hours: amphr- ^ ^-^-^^^^ 



where: 



Peak.pover: re^iulred power during cransalt 
System power: h^^ 

Duty factor: percent of transmit time on two orbit basis 
Discharge^.capaeity: allowable depth of battery discharge 
3.2 hours:— 2 orbits ;96 minutes per orbit" 



sir- 



30 : system voltage 



For a 40W power system (orbital average) , a 30W non- transmit power, SOW 
.^transmit power average, and a 20 percent duty factor over wo orbits 
4(3.2 hours), the aJditional battery capability with a 20 percent depth 

(80-40) ♦ 0.2 ♦ 3.2 - 4.3 amphr 



30V * 0.2 dod 



^ Figure 5-39 shows the requirod battery size for transmit duty factors 
from 0.1 to 1 with various depths of discharged The figure shows thac 
for a selected battery size, if the duty- factor were to increase inter- 
mittently, the depth of battery discharge would increase. The depth of 
discharge is regulated to^ increase the b attery life. However, inter- 

"mittent (in terms ~df days) depths"" of discharge as great~"as "SO-peTcent" 
would not greatly decrease battery life. Therefore, the battery filter 
is a compromise that can be stretched as needed. 

[ Tha system muat b« able to recharge the battery filter between periods 
^ of high active duty. This capability is balanced when 



(system power - nontransmit power) ♦ 3;2 ^•^- 
(trazlsmit povbr^required-.- .nontransmit^ power) * 3.2 * duty 

factor 



GL 

2 
< 



I 




aio 0.20 



a40 050 0.60 a70 
TRANSMIT DUTY FACTOR 
RgUrt &<39 Batter/ Capacity Needed Versus Transmit Duty .Factor (Depth of Discharge 20 to SO 
. Percent: i^er System 40W. Trarsmit 8CW. Non-Transmrt 30W) 

* 8 
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O40 050 0.60 O70 O80 090 1.00 
TRANSMIT DUTY FACTOR A/N 7B21.« 

Figure 5-40 Battery Recharge Time in Orbits Versus Duty Factor (Atter TVw Orbits 
At Duty Factor (40 80 30W System) 



-135.- 



For the previous example : 

(40-30)^1* 3.2 -- (80-30)-* 3.2 * 0.2 . 

^The system Is balanced with a 20 percent duty factor.- When the system 
operation is beyond - 20 "^parcener several orbits will, be required to 
recharge the batteries. Figure 5*40 shows the recharge time, in 
orbits, required vs the duty factor of a two. orbit, time frame. The 
time required - to recharge is obviously too -long to ' expect the 
spacecraft to be *out- of the system" . 

A possible first cut for MSSP would be a compromise of cost with inputs 
from other team members (radio and antennas). The compromise chosen 
'expands the power system .to SOW and uses a 40 percent duty factor. 
Figures S-41 and 5*42 are plots for this system. System parameters: 
are: 



t. 



System power: SOU orbital average 

Required power (non- transmit) : 30V 

Transmit power (total): 80V 

3oiar array size (orbital) : 50V-^ 

Battery, size (filter included): 12 anp/hr 

Transmit duty: 40 percent 

Depth of discharge: 20 percent 

100 percent duty factor depth of discharge (two orbits): 55 percent 
•^Recharge 100~percent ducy-factor:- 



The important parameter is that the relative duty factor will have to 
be defined. This factor is a cost/performance trade that must be made 
to lower satellite cost. A final coneltision to this trade was not 
Obtained because the communications system parameters such as duty 
factor were not completely defined during Fhase I of the MSSP study. 
The trade is presented as a possible aid during Phase II. 



5.1.4.2 SOUR ARRAY TRADE : 

the most costly subsystems for the spacecraft are. attit\ide control and 

1 power. The power stibsys tea consists of solar arrays, batteries, and a 

power controller. The solar arrays comprise 70 to 85 percent of the 
cost of this sxibsystem. If a trade were made to reduce the cost of 

this subsystem, the emphasis must be placed on reducing the cost of * 

solar arrays. This analysis will discuss tvo possible opti 
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ori«nein« the arrays *r.d spac.erafc- to. .Increase che array efflc.er.cy. 
and KxsLrl larger baccerios co overcoae. the array eificlency during low 
beta anr.les. The spacecraft and array orientation Is presented wish a 
posslbli savings, but it Is not entirely clear that this option should 
be -selected for MSSP. The cost of the required attitude control does- 
not nagat. the possible array savings for * "U^ .^ystem. ^The larger 
battery option was analysed and found not. to be advisable for MSSP. 

5.1.4.2.1 «iia.AY ORlEriATlON DETS2MIVES ARHAY ZTTLCIHIC: 

The solar array aiialysed for the MSSP consisted of panels arranged 
ar-iund the spacecraft such that the average power was eaxlalzed at 2.5^ 
per sq ft on an orbital average. This array conf ig-aratlon is the most 
efficient when the MSSP Is designed with no yaw stabilization. A. aore 
^f*icienc Arrav configuration (note watts per square foot independent 
af beta angle) ' can be obtained only if the-solar arrays are oricntad 
-cvard the Sua.- This- orientation can b« actooplLshed In c*o f ashiong : 
aoantlng the arravs rn a gL-abai chat Is pointed at the Sun. or rotati j 
the spacecraft such that the array Is pointed toward the Sun.- ...e 
*lr3t option l» not entirely viable because the glabal approach has 
«verai neg*tlves - isainly coat, reliability, and lifetime of tne 
aechaalcal systea. 

^"TY.* second option has benefits, hue ilso^ost and perf oraance , trades .- 
This option Involves rotating spacecraft ln_a fashion siailar to the 
SASA/BASD Earth Radiation Budget Satellite (ETvSS) . The spacecraft is 
-otated m yaw 130 deg every 27 days (for a 57 deg inclination angle), 
-n slBple teras. If the spacecraft has four solar panels facing .or- 
Gtrd, aft. to the right, and to the left, and If the Sun were to the 
rltht. then the perforaance of the panel facing to the left would de- 
tract froa the efficiency of Che systea. Likewise. If the Sun were to 
tha left of the satellite, the right panel would detract from the ef.l- 
elcncy. The efficiency of the arrays could be Increased If the satel- 
lice and panels ware rticTted to orient tHI-paSe Is coward- the~Sun- and.-- 
•delete" Che panel on che ocher side of Che spaeecrafc. 

Before further descrlpclon of sacelllte rocaclon. che phenomenon of the 
Sun beta angle should be described. Figure 5-43 shows a spacecraft 
otblc around cha Earth relaeive co che Sua. If che Earch "ere a per- 
facc sphere, che orbit plana would be fixed relaClva co inerclal space 
and che angla co che Sua would rocace onca per year. However, che saae 
cheneaenon chat causes che nodal regression of che satellites for dls- 
perslon will cause the orbit plane co rocace. The orblc plane rocaces 
wlch respect co che Sua by Che raca. 
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Ftqurv 5^ Sun /? Angle for Inclination Angfe 



■-4. .^'i »f;.c 



a^^« Earth radiuj; h - altituda; A^: orbtc Inclinactoiv 
Tha angla froa cha orbit plana to tha Sun vllL ba of tha fo^^^^ 
- 23 sin a t * Aj^ cos «t 



Twanty*thraa dag Is tha obliquity of tha.scliptic^'W of tha equat- 

orial plana>out of tha acliptic which results in a seasonal oscillation 
(suaaar/winter) , and Ai refers, to tha inclination angle -of, w.%the 
spacecraft orbit. Dividing 180 deg by the orbit rate gives, approxi- 
aatsly 37 days for a 57 deg orbit (approxiLiately 81 days for 80 deg 

• orbit). For the rest of this analysis, 37 days will be -discussed. It 
Bust be recognized that different delays will occur for different 
orbits. If an observer were standing on - the top of the MSS?, the Sun 

t would appear to ba on the left and. then rise overhead and continue 

« until it was on the right; it would then scan froa the right back 
overhead to tha left. Actually, every tiaa the Sun passes overhead ic 

m is AC oppcatta sides of tha orbit (if a raferenea mark existed on the 
orbit) » but ragarjling tha solar arrays, it doe^not aatter. 

The angle of the Sun out of the orbit plana or beta angle will:' vary; as ' 
1^ sho%m in Figure 5-44. Tha horizontal axis is tiaa . in aonths; the vert- 
leal axis is bata angle, both plus and ainus. Tha curve shows a high- 
^ frequency ripple, which is the rotation of.^.e orbit plane around the 
f Earth and a low- frequency ripple, which is the~V- 23 deg of the eclip- 
tic plana. Tha curve shown is for a sacallite at a 28.5 dag inclina- 
tion. 

Figure 5*45 shows the power output of various solar panels. The bottom 
cu rve shows tha output of a four- pan el array tilte d down 55 de g. T his 
array outputs alaost a constant power independent of beta angle. When 
the beta angle is zero, the output is reduced beca\isa of tha 55 deg 
tilt. For high bata angles, tha output is. reduced because only one 
^ panel is in clear view of tha Sua. Tha other curves show £ha outputs 
of single panels facing toward tha orbit noraal and tilted down 25, 45, 
55, and 65 dag.. These array outputs would, ba obtained only if the 
satellite could turn around and fly backwards every 37 days.' Tha tum^* 
around would orient tha array to tha right or left depending on the 
angle of the: Sua. , --^f— 

The first itea to note froa the one -panel curves is -the high output for 
high beta angle baeauaa the total array is on one. sida of tha- satellite 
facing the Sun. The second itea is that for a tilt angle of 25 deg, 
the ainiaua output at beta equal to zero is 3.5U per sq ft. This outpur 
is 1.4 tiaes the output of the four-panel array (3:5/2.5). In other 
words, by the siaple rotation of the satellite every 37 days, che size 
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of Che solar arrays could be reduced by 30 percent. Since che array 
cose is 70- to 85* percent o£ che power subsystem cost, this would 
reduce che cost of the subsystem by 20* to 24 percent. 

The problems with the yaw- around system are: 

o Required yaw control 

o Required yaw- around technique 

o Required control, software 

The required yaw control refers to the yaw control capability of the 
spacecraft. The spacecraft must be oriented toward the right or left, 
with a V- 20 deg orientation. The yaw control can be this unre- 
strained because a V* 20 deg variation will not have much effect for- 
the low beta angles. Also when the beta angle^is large the proje'^red 
solar array will be reduced^ but the array output capability is large. 
Since the array would be deployed and oriented such that its long di- 
rection is in the satellita velocity direction, the array would tend- ro 
stabilize the spacecraft in yaw. 

Th|i required yaw-around technique refers to the means of causing the 
^apelllte to rotate 180 deg in yaw every 37 . days . This could be 
accomplished by plUcing a wheel on the satellite with' its spin 'axis 
oriented n;sdir. The wheel would spin approximately every 37 days for a 
certain nurber of revolutions (depending upon the final satellite 
weight and.^.physical characteristics). The wheel would then be shut off 
a^ the satellite wotild rest at the new yaw pasition. The on/off use 
ot the wheel would greatly extend the wheel's life, and its design 
would be much simpler than that for an attitude control wheel. Rota- 
tion of the satellita could extend for days because rotation is neces- 
sary %rhen the beta, angle nears lero deg impact. This wheel should also 
cost much less than an attlD'de control wheel. If the wheel cost $S0(C 
and the- array savings were 22 percent— of — a--$400K-power--systett,_the. 
satellite could save $40K. 

Two other options exist for yav*around: 

\, ' o With a pitch wheel 

• • • • 

^ o With a magnet 

Each of these options provides a viable approach for yaw- around. How- 
ever, more analysis is necessary to define the amount of network 
processor control necessary to produce the procedure. The pitch wheel 
cost would be the $30K discussed for attitude control. The magnet 
would simply be a wound electromagnet that should cost approxlm.irAly 
$100. The on/off spin wheel cost is therefore in the middle. 
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Tha yaw^around sofcwara rafars co cha addad capability required of che 
naorork processor, which would, be required co clme che approximacely 37 
davs between rocacions and then comoandand count che wheel rocacions. 
Figure 5-46 shows cha array oucpuc as shown in Figure 5-45 vs. days (Ai 
« 57 deg and cha Sun ac cha aquacor) wlch che beca angla in 10 dag 
steps. Tha beta angla would increase co 57^dag max^br 18.5 days. The 
•err's" on Figure 5-46 refer Co che face thac cha Sun angle is liaiced 
CO 57 dag. When cha eccencricicy of cha Earth, orb ic is included,, the 
nuicber of days bacwaan rocacions will vary; buc-as seen in Fipire 5-46, 
cha allowable error is In cerms of days, no c hours. 

A side beneflc of the yaw-around is the satellite thermal concern. 
Since a parcicular side of cha spacecrafc is always facing: che Sun, the 
ocher side will ba facing cold" space. This will allow beccer concrol 
of che spacecrafc thermal surfaces. This faccor would easa che design 
of chermal surfaces chac radiace heac from che hoc componencs of th^ 
satellite, such as Che power amplifier. If. louvers are used on the 
spacecraft, they would ba placed facing out che cold side of the 
spacecraft. Tha solar panels would have a defined cold and hoc side. 

Conelxision -x 

• - • • ■ ' ... -.4. '*r^ ' . . - • 

*Table 5-3 presehcs the possible benef iti'^^anjh^ "m^^ the -yaw. 

around • technique. As scacad previously this technique is .presented 
as a trade for tha MSSP. It has been used on a large spacecraft with 
larger solar arraya, * and *he cose savings was considerably greacer. 
The MSSP savings will noC be as greac and mustrba craded wich- che other 
spacecraft operation consideracions. A clear-cuc decision regarding 
cha viability of this approach for MSSP cannoc be made uncil boch che 
amcunc and final cose of actieuda concrol are decermined. However, ic 
does noc appear chaC Cha savings is stif ficianc co warranc addicional 
d asign cose. • ' ■ 



5.1.4.2.2 lARGZa SPACZCHAFT BATTERIES 

This crada involves the usa - of larger spacacrafe bacearies wich the 
yaw around approach discxissad in Seccicn 5.1.4,2.1 co reduce che size 
of cha solar arrays. If larger bacearies were used and cha baceeriea- 
ware allowed Co discharge eo 60 percene dapch of discharge during che 
periods of cha baea angle close co .zero dag, Chan che solar arrays 
could ba designed for a higher oucpuc in waces per square fooc. Since 
che cose of baeeeries (comaarcial type) is less than tha cose of solar 
arrays, a eoeal syseem cose savings mighe be gained. This crade proved 
noc CO be feasible. However, since cha crada was? analyzed, and since 
ocher paramecers in cha fucure mighe allow chis crada co be possible, 
ie is preseneed. 
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TABLE 5-3 TRADES OF YAU-AROUND SPACECRAFT ' 

» « • «^ « « m'm ••••••••••••••••••••••••• • • • • • • • • • 

BSSEFITS- ■ ■ • " ■ ~ ' ' ' ■ NECATr/ES" 



* ARRAY EFFICIESCY " 

gwra v«.tes/sq £c 



♦ ARRAY DEPIOYHEOT: 

cooplleaced deploycenc 



* OETIJIED THESUiAL IJITERFACES * ROTATION DEVICE " 

cold side for chiraal dlsaipaeloa wheel needed co rocaca 



YAW CONTROL 

solar array oriented to help yew 



YAW CONTROL 

processor needed to 
tiae yaw* around 
V 20 deg 



* SMALLER SOLAR ARRAY 

louver launch cose 



★ SPACECRAFT YAW 

iapact on eommunieatlon 
^en S/C rotating 



^iijs A.'- 
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Thm solar array oucpuc presanced in Flgura 5^45 showad. chac cha array 
oucpuc incraased wich largar baca anglaa. Also, as shown In Flgura 5- 
46, cha amotinc of tioe spant at ? cha low b«ca angles is relatively small,, 
bacausa of cha sine function , of cha^ beca angle, variacion. If larger 
Batteries vara used and. tha depth of discharge of cha bacceries was 
allowed to increase dxiring low -beta angle, tha array could be designed- 
with a snallar sisa. for. .tha. . larger output rate. The periodic large 
dapch of discharge of cha bacceries could accually help condicion the 
batteries and wotild noc greatly degrada bactery lixaciaa. The baccer- 
ies would go through a larga depth cycle rata once avary -37 days for a 
57 dag inclinationt or about 50. cycles in five years. As. a baseline for 
a trada discussion, it is asstuaed that the spacecraft power needed is 
75Wwith'80 percent converter efficiency and. a factor of 1.2 for 
array /battery charge efficiency. Or, the. array power needed is: 

I ' 

75 * * 1.2 - 112W 

0.8 

FigOiTe 5-47 shows solar array cose vs. array output with an assumed 
array cost of $7K par squara fooc. These numbers will vary with the 
final satellite design and production cost variations, but the shape of 
the curve and the diinclusions should be valid. A=|:SoI^iJiown in Figure 5- 
47 is tha rata of cose change vs. array oucpue.*'The item to note is 
that the impact of power oucpuc change from 2.5 to 3.5W per sq ft Is 
located jusc about at tha knee of tha curve. Increasing tha output to 
4tf-^ight be an improvemaht, but increases beyond 4W will not produce 
great savings. 

Using tha data from Figura 5-46, a 112W array, and a battery depth of 
discharge of 60 percent, tha battery size necessary to replace the 
power from tha solar arrays can ba calculated by integrating the data 
„in .Figure. 5-46. Figure 5-_4S ahowa th e bat tery size n eeded vs . solar 
array output for a yaw- around system with tilt angles of XS- and"35 
dag. Tha 25 dag tilt, for array output of less than 4,5W per sq ft, 
requires cha lease battery complement . However, the battery size for 
even a 4W/ft''2 output is larga: 33 amp/hr. This magnlcuda of battery 
would produce both battery and weight Increaaa costs that would exceed 
t}^ savings of tha solar arrays. 

Cone IxLi ion 

The array savings will be outweighed by the cost of tha batteries and 
therefore is not a vlabla trade. 
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5.1.5 POWZa SUBSYSTEM CONCLUSION 

The power subsystem. Is che main cose driver for Che sacellice. bus for 
Che MSSP. This polnc was stressed^ Chroughouc che-Phase- I scudy. Tne 
aain cose for che power subsystem was shown ca be che solar array in 
-=ceras of boch base cose and addtclonal cose for launch. The fina^ 
•power requiremene for che MSSP was concluded co be 75W. tflch chis 
power level che final paraaecera rz che power sufasyseea are: 

Power level 75W ' 

Array type four«panel Mansard: 55 deg cilc 

Array size S.lsq'fe 

Oepeh of -discharge 5 percene 

Battery siae 36 aaphr 

Power controller Current limiting 

Several techniques to limit the size of the" solar array, ware ^analyzed 
to reduce che sacellica syscem cost. Th* Mktward solar arriy design, 
which maximised the array configuration for power outpue, was very 
tfSheficial. Trades of battery size and satellice oriencacion for re - 
diiced solar array size were analyzed, buc did noe produce cosc savings. 
However, chese crades may be considered againrif che requirements of 
_ the MSSP mission cause future changes in duty factor or attituds 
control. 

The cost of power for a 75V MSSP sacellite is aboue $3K per wace for 
che power subayscea coaponenes. Structure, test, and design cost will 
"iaise'this value to"about $5K. When latsnch-of-the-power-subsyseea-is. 
also conaidftred, the total coat of power would be about §7K per waet. 
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5 . 2 SATSLLITS ATTITUDE CONTROL 



The satellite attitude control subsysrea must provide a stable platforra 
to - achieve conmunicat ion which Is the aain mission requirement. 
Selection of the attitude - control subsystew design Is pivotal in a 
nuaber of tradeoff studies with other subsystems (such as ai»te»uia, 
powfrr, theraal. and orbit determination) in establishing the cost 
effectiveness of the overall mission desigsi. Previous HSSP sy^zzm 
scudies by ESL (Technical Memorandum No. ZSL-TM1632. IS June 1983) have 
found gravity gradient stabilization systems to be most cost effective. 
There are, however, a wido ysiriety of gravity gradient systems 
available. The studies presented in this section help to quantify the 
cost and performance of the various gravity' gradient stabilization 
systems. 

-5.2.1 GRAVITY CrjU^lE^n: FOISTING ERROR SOURCES - - 

The Sasic gravlcj* grad:*.ent system consists of a passive damping device 
and an extendablii boom that is used to separata two end masses. The 
separation cf the end masses typically produces transverse -to - 
longitudinal inertia ration in the range of 10 to 100. This results in 
gravity gradient torques thac restore the longitudinal axis toward the 
locai^vsrtical. The Inuiic system does not provide^^^^iny^ restraint about 
the longiDidinal axis so that yaw is uncontrolled. " — 

Boom^sign technology developed rapidly during the 1960s in an effort 
to misiiaize thermal bending effects. Thermal bending can result in 
instabilities that degrade pointing performance. This was particularly 
apparent in the early systems when long booms (20m or more) were used. 
The> HSSP design shotild not be sxibject to thermally induced 
instabilities since a shorr (lOM or less) rigid boom is planned to be 
used. 



The damping device is required to damp out roll and pitch libraticn. 
The simplest passive damper (hysteresis rods) consists of a triad of 
orthogonal magnetically permeable rods. Rotation of the triad in the 
Earth's magnetic field produces hysteresis losses. A magnetic ball 
floating inside of a conducting sphere is the other commonly used 
daapier (eddy ctxrrent damper). The magnet follows the Earth's field. 
The rotation of the spherical shell, with respect to the magnet, 
produces eddy current losses in the conducting material. 

The eddy current damper gives better performance than the hysteresis 
barsvbut is more expensive. Both types of dampers produce disturbance 
torques on the spacecraft due to the changing directions of the 
magnetic field in the orbital reference frame as the spacecraft goes 
around in orbit. The disturbances vary inversely with the damping time 
constant. A typical value for the eddy current damper is one degree of 
disturbance with a one day time constant. 
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A vlda variacy of crh«r daaplng MchAxiisms have been proposed. Some of 
then were built and flo%/r. on early gravity gradient satellites. Cne 
draper that flew on- fcur APL satellit*.s in the early 1960s was the 
lossy spring between the end of - the" bcoa and the tip »ass.^ The cise^ 
varying centripetal force, res^ulting from libration, caused tha tip 
mass to move in and out, therebv absorbing the libration energy in the 
mechanical hysreresis of the - spring. The lossy spring was usea in 
coajuncrion with hysteresis rods. The use of the lossy spring was 
discontinued after realizing that the^ rods used alone were effective. 
All of the other daispers. except hysteresis rods and €.ddy current 
dampers, have also been discontinued and are not comrnercially avail- 
able. 

Host gravity gradient systems are designed to operatia in nearly 
circular orbits. The time - varying orbital "rate in an elliptic orbit 
tands to ptisp libration in the orbit plane. The orbital eccentricicy 
(e) prjdrtces a once per orbit sixiusoidal pitch oscillation with an 
amplitude of 

i - (RAD) where ay - * 

3a y-i ' ly 

For a typical gravity gradient satellite. ^- die rc 11 Tlx) ^ pitch (ly) 
inertias are approximately equal and ac lease one order of magnitude 
greater than ths yaw (I2) inertia y-1. The eccentricicy of MSSP will, 
be less than 0.CC13 to keep a reasonable altitude variation ber^ireen 
satellites. This results in a pitch amplitude- of less than C.l deg. 

Two potential disturbances to the attitude-^ of a gravity gradient - 
stabilized spacecraft can be minimized by careful configuration 
control. Soth the. aerodynamic drag and solar radiation pressure 
torques are scrcngly dependent upon configuration. The following 

design goals— are giv-en- to ^-help minimize she.^ ff-ff-ejct ^^l_Ah«s«_ 

disturbances: 1) The required boom length is minimized by equally 
dividing the mass of the spacecraft between the two ends. 2) The area- 
to*mass ratios of the two ends should be the same to minimize aerodyna- 
mic disturbance torques. 3) The end . masses should be of a convex 
cylinorically syimtric design eliminating variations in torque as a 
function of yav 4tcltude. » Tlie surface properties of the co ends 
should be siallur so minimize solar torqti*. The ideal configuration, 
fr?m an attittide control vlevpoine, %roul4 consist of two identical 
spheres as end masses. 

Z/SJ) has examined a number of different spacecraft configurations with 
peak solar radiation and aerodynamic torques zz 62S ka altitude ranging 
from 5 X Nm to 5 x .lO** Nm. These are often the dominant 

disturbarce torques for configurations at the high end of this range. 
Residtial magnetism is usually the dominant disturbance for the 
carefully configured spacecraft at the low end. 
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Th« ««rodynaaic torqua dmcv^sms vlch ACaosph«rlc density «c higher 
altitudes, but It will still be signif tcant , et . 625. ka. altitude. . The 
tlae: variations of the disturbance' torques may /lead to resonances. The 
ffaxioua aerodynaaic torque variation will be ^ due to the diurnal bulge 
In the ataosphere caused by ^/ solar, heating.. Maxiaua density occurs at 
about 14:00 hr and siniauai density at 3:00 hr . local solar ciae. The 
torque will appear priaarily as., a biased sinusoid ac the orbit rate 
about the orbit-aoraal. This torque can cause pitch oscillations at 
orbit rates that are several, degrees in. aaplitude InAov altitxide 
orbits. Hovever. this torque is not the oain concern. Saaller torques 
say produce ouch J^arger. accicude responses i£ they appear at the 
resonant frequencies. 73 wo in pitch or 2wo; in. roll. Wo is the orbital 
frequency or 2Pi/p'^riud or approxiaately 2P1/96 minutes. 

The pitch acrodynaaie torque is a function of the yaw attitude for 
concave configurations. T!ie deployed solar arrays shadow each other 
,and the atin body by different aaounts when viewed from different yaw 
angles. The ae^rodynAaic torque in free molecular flow depends directly 
on the araa projected into the wind. Consequently, the pitch torque 
will cscillate as the rpacecraft rotates in yaw. The critical yaw 
rotation rate is 3/4 wo for a typical configuration with 4 deployed 
-arrays. Thir yaw rate produces a pitch disturbance torque e.t the 
resonant frequency in pitch. The propensity of the satellite to 
aAintiih the ciitieiAl yaw rate (about 0.0266 - deg/sec '' for JISSP) is 
depi^ndent apoh the configuration. Soae configurations result in alaost 
nc yaw torque. Others, with car4ted arrays, have yaw torques that vary 
wi^th pitch attitude* Generalizations on this potential pitch resonance 
should be avoided since it is so strongly dependent upon the details of 
the configuration. 

Roll is also subjected to a naturally occurring forcing f\incclon at 
resonant frequency; Solar radiation pressure has a coaponent at the 
seco-.id haraonlc of orbital frequency for eclipsing orbits. The 
axtplittude-of the- second -haraonlc roll— torque — is — e-function-of-the 
location of the ascending node with respect to the sun line. 
Consequently » the duration of the aaxlCTni resonance conditions depends 
upon Inclination angle mich deteralnes the nodal regression rate. 
J.M. Vhi.snanc and O.K. Anard refer to a 9 deg libration aoplitude being 
produced by this resonarxe in an engineering note on pages 743*744 of 
the June 1968 Journal of Spacecraft, Vol. 5, Ho. 6. Prestasably, the 
second haraonic of aa aerodynaaic torque in yaw cotild couple into roll 
through the yaw rate. 

It should be observed that one of the principal reasons for adding a 
constant speed pitch wheel to a gravity gradient*stabilized spacecraft 
is to break up the resonances described above. The wheel provides yaw 
restraint. This prevents a constant speed yaw rotation that say 
produce pitch disturbance torques at the pitch axis natural frequency. 
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The wheel also changes the- natural frequency la^-xoll : so^-chac the 
natxirally occurring second haraonic disturbances will noc. be in 
resonance . Icr ts a commonly held. , misconcepcton xhac^ a wheel is added 
only to ioprove yaw pointing. Significant inprovement in pitch and, roll 
can be achieved by the addition of a wheel. Pitch and roll aaplitudes 
can be liaited to the order of one degree for a carefully confifured 
design that includes a pitch wheel, such as CEOSAT-A launched in iiarch 
1985. -.v. - . . -f^^ 

The following table gives the documented pointing performance of four 
basic gravity gradient systems. The data for OSCAR- 14 and CEOS- II is 
actual flight data as presented by O.K. Anand in the Journal of the 
British Interplanetary Society, VoU 26. pages 641-661. 1973. The 
TRANSIT 5A flight data is from a paper by F. Mobley and R. Fischell at 
the Sycposiua on Passive Cravity Cradient Stabilization which was 
published in NASA SP 107. 1966. The more recent GEOSAT flight data is 
given in J. Hunt's paper AAS 86-052 which was presented at the 1986 AAS 
Guidance and Control Conference. ^ «. 
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TABLE 5-4 
OF Basic GRAVITY. CSAOZEZTT SYSTEMS 

SpAcecrafc ?o lacing S«mi*Hajor Seecnerielty Oaaper- Tip 

Booa ■ ■ - . 

Accuracy.-' ...-Axis.- ■:. Hiss. 

Length . 

2a . 

CSCAR-U Roll 10 dag 1.169 &• 0.004 Hyscarasls 1.3 kg 

30.5 ■ ., ■ ■ . 

. Pitch 30 dag Bars 



TRANSIT 5A Roll 6 dag 1.117 Ra 0.003 Hysteresis 1.8' kg 

30.5 

Pitch. 6 deg Bars and 

Lossy spring 

CEOS-II Vertical 7 dd« 1.208 Re 0.032 - Eddy 3.2 kg. 

8,6 

Current 

GSOSAT Roll 1 deg 1.125 Ra 0.003 Eddy 45 kg 

6 

f . Pitch I dag , Current and 

. ■ ■Wheer"'" ' ^ 



4 



155 



Table 5-5 Is copied directly from Anand.'s- paper laencioned previously . 
I c shows the percentage of time that the boom axis of GEOS II was 
within a specified^angle of- nadir. These, entries are based upon 434 
data points taken during two separate time- 'intervals.. 

QUANTITATIVE FUCHT PERFORMANCE OF CEOS-II 

Nuaberrof ~ Frequency Cumulative - 

vert: daca:ipoincs* %- - frequency, % 

0 deg«l deg 

1 deg-2 deg 

2 deg-3 deg 

3 deg-4 deg 

4 deg*S deg 

5 deg-6 deg 

6 deg- 7 deg 

♦Data points recorded at- one-minute inter^^als on days 135-138, 254 and 



7 


1.6 


1.6 


62 


14.3 


15.9 


130 


30.0 


45.9 


140 


32.3 


78.2 


73 


18.0 


96;2 


14 . 


3.2 


99.4 


3 


0.7 


100.0 



255, 



1968. 
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5.2.2 GRAVITY GRADIENT SUBSYSTEM . COST ESTIMATES 1 : ^ i : ^ 

Th^- cocal cose - of ; eh«i accieuda scabilizatlon subsystra includes, 
hardware and launch cose, cose of -providing elecerical power on-orbie., 
plus desi^, incegraelon. and tesc coses. The lase ehree Items depend 
up^n ehe specific design conf iguraeion seleceed and. muse be priced on a 
case by case basis. A flrse approxlaaeion of cose can be made on. ehe . 
basis of hardware, laxmch, and power coses of generic componencs of 
gravicy gradiene seabilizaeion syseems. Table S- 6 gives ehe eseimaeed. 
sise, mass, power, and cose of various coaponenes for graviey gradiene 
seabilizaeion of HSSP class spacecrafe. The cose figure includes ehe 
esciaaeed price froa ehe vendor plus $3.4 K/lcg for launch cose plus 
$5.0 K/W for on-orbie power; 

The cercainey of ehe cose, nuabers in chis eable varies greatly . In 
general, ehe coses have been adjuseed by the ^poeeneial vendors to 
reflect ptirchases of several hundred units in 1990 dollars. The nost 
noeable excepeion to this is the eddy current damper where the 
poeiBneial vendor could only quoee a single unie price. The other 
significane excepeions are ehe hyseeresis bars and. eorque rods. le: is 
aneicipated thae ehe exereae si^Bpliciey of ehese eleaenes will permit 
draaaeic reduceions in ehe vendor prices for ehese coaponenes. If ehis 
assxsapcion is incorrece, ehen ehe price of a eorque rod could be as 
much as $3CK acre ehan ehae shown in ehe eable: - -,^.«r^* 

Kote ehae ehe aeeitude deeerainaeion equipaene has been included in the 
table for the sake of coapleeeness. Aeeicude sensor eelenetry will be 
desired during ehe proeocype deaonseraeion flighcs eo verify pointing 
performance. Mo aeeieude sensors are planned for ehe operational phase 
'of ehe prograa. 

Four differene conf iguraeions of ADCS coaponenes for a gravity 
gradiene- stabilized spacecrafe are given in Table 5-7. The cose 
-nuabers— for each syseea daaign are- suaaed — froa-ehe-coaponene coses- 
given in Table 5-6. Consequenely, ehe syseea cose nuabers given in 
Table 17 include launch ' and power cose bue do noe include design, 
ineegraeion, and eese. The poineing performance eneries are derived 
froa dlgieai siaulacion resxiles preseaeed in ehe nexe seceion. The 
four eneries under perforaanee are deviaeion froa ehe local vereical, 
roll, piecfa, end yaw, respeceively. The deviaeion of ehe booa axis of 
ehe saeelliee froa ehe local vereical is approxiaaeely ehe square rooe 
of . ehe s\jm of ehe squares of roll and piech. For saall angles, roll is 
ehe angle aboue ehe velociey veceor, piech is ehe angle aboue ehe 
orbie^noraal, and yav is ehe angle aboue ehe local vereical. le should 
be eaphasized ehae poineing perforaanee depends upon ehe saeelliee mass 
diseribucion, booa lengeh, and environaeneal eorques. These pareicular 
rasules are for ehe specific paraaeeer values described in ehe 
following secelon. 
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TABLE 5-6 
ADCS COMPONENT CHARACTERISTICS 



COilPONE^rr 

fil-Scaa Boom 

Hy starts is 

sections 

Bars 



iZddy Carranc 
ca- sac 
Daspar 
Cons cane 



Constant 
Spaad Vhael 
Scanvhaal 

Scci^ivhaal 
'Electronics 

Torquarod 



Sansor 



Mr jnatomatar 

}la$natoaatar 

Electronics 



SIZE . 

Ilea X Ilea X ISca 
0.6ca diaaetar 
4.4 Total Length 

13ca high 

ISca diaaetar 

Mounting Flange 

ISca diaaetar 

lOca length 

17ca diaaetar 
ISca length 

ISca X ISca x 7. Sea 

2. lea di&aeter 
S6ca length 

ll.Sca diaaeter 
2Sca length 

7ca a 7ca x Ilea 

14ca X 14ca x Sea 



MASS POWER COST COMMENTS 
1.0 kg • 43K <20 Extended 
1.0 kg - , SK^ a-SSca- 

eabedded in 
arrays 

3.0 kg - 140 K 70,000 Dyne- 

Daaplng 

2.5 kg 8.0W 125 K 1.0 Nms 



6.8 kg 3.SV .144K 5.7 Kms, 25 dNb 
30.0tf 



Included vich 
Scanwheel 



1.6 kg 2.5W_ . 
0.9 kg 0.7W lOK 30Am2 
3_kg 3W 75K_4.?_jc_4^.F13V 



0.4 kg 1.4V 51K 3-axls sensor 

0.8 kg • • Included vich 

{Ugnecomeear 
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TABLE 5-7 
ADCS SYSTDl DESIGN COMPARISON 

CCNFICURATION PERFORMANCE MASS POWER COST* 

LocaI Vertical, 
Roll, Pitch. Yav 

A) Booa, Hystaresia 19.4. 17.8. 7.8. 2 kg 0 $54.8K 
Bara 180.0 

B) Boca. Eddy 5.3. 4.5. 2.8. 4 kg 0 $196. 6K 
Current Daoper 180.0 

C) Boom. Hystereaia^ 2.3. 1.0. 2.0. 4.5 kg 8V $228K 
Bars. Conatant 2«5 

. Speed Vheel 



0} Boca. Eddy 1.8. 0.2. 1.8. 6.5 kg 8V $370K 

Current Daapett 0.4 
Gbnatant Speed 
Wheel 

-* Qosz indudaa ^ hardware. -launch, >andr^ .::9aEi-orbit * power 
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S . 2 . 3 SZMUIATION RESULTS 



5AS0 has developed a dlglcal computer siaulacion of the acricude 
dynaittlcs of an MSSP class gravicy gradienc-stabilized spacecrafc. This 
siouladon has ^ been used excenslvely for prellainary design and 
performance prediction. In general, the simulated results correspond 
closely with the wealth of data on gravity gradient systems that has 
been published in conference papers ; joximal. articles . and technical 
reports over the last 25 years. The majority, of :: this data is of 
interest only to detail design engineers and vlll^not be recounted 
here*. Instead, four specific simulation runs vill. be presented that 
support the pointing performance predictions that were made in the 
preceding section. 

The orbit used in these four cases was a circular orbit at 600 ka 
altitude with an inclination of 80 deg. The magnetic field model used 
in the simulation was the tenth order spherical harmonic expansion 
given in the 1985 IGUP rfodel. The atmospheric density model included a 
diurnal bulge 2 x 10"^^ kg/m^. The peak aerodynamic torques resulting 
from the diurnal bulge were 7.4 x 10*^ Mm and occxirred once per orbit. 
Tha ascending noda of the orbit ar^d time of year were selected to 
provide an orbit vith 25 percent edipsa time.i JThis resulted in solar 
torque components that were nearly sinusoidai^ir^'itch: and oir-off step 
shaped in roll. This phasing was daliberately selected to maximize the 
^mtent of the second harmonic of orbit rate in~the roll disturbance 
torque. The amplitudes of the pitch sins wave and roll step solar 
torques was 0.6 x 10'* * Nm;: Note that the jcunditions given above 
represent a worst case combination of environmental disturbances. 

The simulated spacecraft had roll, pitch, and yaw moments of inertia of 
Ix,- ly - 198.8 kgrn^ and Iz - 17.3 kgni2, for aerodynamic and solar 
radiation pressure torques calculations, the spacecraft was modeled as 
tw o e nd bo dies separated by a boom of negligible area. Tha lower body 
had a cross sectional area of. lifi displaced f cm from the center of 
mass of the system. The upper body had a cross sectional area of 
0.02m2 and was displaced 7.3M by the boom from the system's mads 
center. In all four fimulated cases, a residual magnetic dipole of 
O.lAm^ (100 Pole«ca) along the boom axis was included. 

Figure 5*49 corresponds to config*iration A in Table 5-^7 which is the 
l^ast expensive gravit^r gradient stabilization system. The hysteresis 
bar damper in this configuration consists of three orthogonal rods of 
ASM 4750; each rod is 0.7Sm long and 2.Smm in diameter. The satxiration 
magnetization of the rods is Is • 10*^ Tesla. The primary disturbance 
to the pitch and roll attitude is due to the induced magnetism in the 
rods. This disturbance varies considerably during the course of a day 
as the Earth's magnetic poles rotate in and out of the orbit plane. 
Yaw is unrestrained and rotates through thirteen revolutions in twenty- 
fotuc hours at an average rate of slightly less than one revolution per 
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orbic. The ctaxifflua deviacion of the boom axis from the local vertical 
ia 19.4 deg. Iz should be noted that this large error is. due to a 
worst case sec of environirental torques and that design op tiaizacion 
may. result in appreciably better pointing performance. _ 

Figure 5-50 corresponds to configuration B in Table IV which uses an 
eddy ciirrent dssp^r in place of the hysteresis bars. The eddy current 
damper simulated in this case has a damping constanc of Kd-»0.0014 Nms 
(14.000 Dyne* cm- sec). The pitch and roll errors are greatly reduced, 
from Che preceding case resulting in a maximum pointing error from ^ 
vertical of only 5.3 deg. The yaw attitude is still unconstrained; 
hovever the average yav rate is now reduced to approximately one 
revolution per lay. Once again note that some pointing performance 
improvement is possible by optimizing the system parameters. 

Figure 5-51 corresponds to configuration C in . Table 5-7. This 
configurition uses the same hysteresis bars as configuration A and adds 
a small constant speed pitch vheel. The simulated angular momentxim of 
the wheel is 0.25 Nm. The addition of the wheel has cottpled the roll 
and yav motion with a nutation frequency of approximately 5.2 wo. 
tfichouC the wheel, the roll libration frequency was 2vo which was in 
resonance with the second harmonic of .the disturbance ■ torques .\ 

Fljpire 5-52 corresponds to configuration D in Table 5-7. This 
cotif ig*.u:ation uses the s.ime eddy . current damper as configuration B and 
adds a 0.25 Nms pitch wheel. The pointing performance in roll and yav 
is ! approximately five times more accurate than for configuration C. 
Hovever, the pointing performance in pitch is only slightly better. 
Consequently, the gaxim^.im deviation from the vertical is not 
significantly better for the momentum bias system vith the eddy current 
damper than it is for the momentun bias system vith the hysteresis 
. • 

5.2.4 CONCUJSION 

The purpose of the analysis of the satellite attitude control system 
vaa to establish the performance capability and the system cost. The 
performance of a gravity gradient system can be enhanced vith the 
addition of various components. The performance is obtained in 
discrete steps vith increases in veight and cost. 

The computer simulations have shovn that the pointing errors vith a 
vorse*case environment can be as large as 19 deg vith uncontrolled yav 
or as small as 2 deg vith less than O.S deg yav control. The Important 
factor to be traded is the cost trades of attitude control vs. pointing 
compensation via the spacecraft antenna. 

Analysis by the Phase I antenna team m<^mbers has shovn that the antenna 
and nec^ork processor can compensate for the attitude error (Section 



5.5) «c relacively low coicj. The final working group meecing 
esciaaces for che pay load • radio and ancenna was $100K co. $200K. 

The ancennas can -coapensace for che urconcroiled yaw .by cheir required 
asisuch scan capabilicy.* The' ancenna designs presenced use ch^ 
elevacion scan capability of the crosslink antenna co provide cosplece 
up/down link coverage and reduce the size of the up/down antenna and 
therefore, the diaaeter of ' the space : raft. These benefits - cost, 
performance and .tize - direct the conclusion that the actitude control, 
systea be a .gravity gradient boom with, a eddy current dairper. 



5 . 3 Z^XCZCXhST CCMTIANO AND TSLZMETRY , .. 

A ncnal spacecraft ccinsand and tele«2etr^/ subsysteo is necessary to 
reconfigure zhe spacecraft ind gather infonsaticn on the status o: the 
spacecraft. However. the HSS? spacecraft is hoc c^irpical. The 
sp"acecr?.ft payload is the antenna, rjdio, and netvork processor. The 
pay' riad provides the satellite cocrjr.icacion. Most coocaands or 
telezecry ir.ioraation Is resonjinc within the network processor. Actual 
spacecraft reconfiguration coaaands were not identified during the 
Fha^e I study but / if needed, could be simply provided via an interface 
with the network processor. Spacecraft teleaetry which is mainly 
health monitoring of the spacecraft and payload can be proviaed also 
via an interface with the network processor. 

5..-V. 1 sFACzciurr tzld'.zz?.^ 

i^ecraft te Lame try, mainly concerned vi-h voltages and temperatures. 
i-^,ece5sary to monitor the system and analyze spacecraft failures. 
Th4: le^'el q: telemetry will be dependent upon the state of spacecraft 
devalorment. During the breadboard and prototype phases, more 
celet:etry will be required than flight modal spacecraft. 

Sc'Jeral factors, such as the magnitude of the telemetry, ic^reasing .the 
nuriber of channels to/ be monitored, and ground station capabilities, 
vili increase the cost of the system. The type of telemetry to be 
zcn^tored will also affect the tost. Temperature data with 

cor^irioning circuits (to develop voltage for the thermistors) and 

analog/digital convertors are the most expensive, analog data (voltar,e 
'or power monitors) requiring analog/digital converters are second. 
_and serial digital and bilevel or 1/0 truth data are least expensive. 
Temperature, voltage, and signal levels are generally more important 
for tro^obleshooting than bilevel data. 



Table 5-8 is a preliminary telemetry data list and dependent on 
acceptance by radio and antenna personnel. 

More telemetry channels zay be desired but llmicing the number to 40 or 
320 bits (8 bit analogs) would enable data restriction to one message 
packet froa the. satellite. Another advantage is that no changes would 
be required between the breadboard, prototype, and flight models when 
testing in the ther?^! vacuu&i chamberf is done. 

The final amount of telemetry will depend upon what is needed, in 
addition to performance and health telemetry, by the radio and antenna. 
The; ADACS subsystem has a telemetry listing for roll, pitch, and yaw 
attitude sensor telemetry which is only needed on the breadboard and 
prototype units which have sensors to verify the attitude control. 
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Sp icecraf c 



Radio 



TABLE. 5-8 . 
PRELLHINARY TELE21ETRT UST 



Power 

Bactary eiirranc 
Battary cell, balanea^ 
; Bactary voltage 
— Solar array current 
. Regulator voltages 
Battery teoperature 
Solar array temperatures 
Heaters 

ThermaL . (In subsystems) ^ 
Structure (In subsystems) 



CSDH 



A2SCS 



He tvork processor temperature 
Network ref birs(7) 
Ketvork processor Injection 



Boom position 
Wheel^ speed 
Vheel Power 
Vheel Temperature 
Roll Attir^de 
Pitch Attirade 
Yaw Attirade 
Up/down controllers 



Analog 



4 bilevels 



Analog 

8 Bilevels 

.AnajLog 



Analog 



8 bilevels 



Temperature monitor 

Radio AGO 

RJ power monitor 

?A currant monitor 

?A. tamperature 

Cscillator temperature 



Analog 



Antenna 



Antenna temperarare 
Antenna reference bits 



3 Analogs 
8 Bilevels 
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Th« spacecraft celemecry is gathered by an Interface box within the 
spacecraft stored, in the ner^'ork processor raesory. The process for 
reading perforsance data such as the radio AGC which is onlv valid at. 
certain tiaes wilL have to be deterained. The analog data will be 
converted into an 8-bit, 0 to 5 volt by a 0 to 511 count analog- co- 
digital converter. The telemetry can be t^ken by the iz^torface at a 
relatively slow race and stored into the network processor aemory. 
When a determination has been made that the health of a spacecraft is 
of concern, the ground station can call the network processor which 
sends data stored within the processor memory simulating traffic data. 

The necork processor could also process the telemetry data. The 
health data in the spacecraft will have nominal levels for all of the 
data chanrels verified during the breadboard testing phase. Therefore , 
limits V- will exist for the nominal levels for the performance and 
b'ilfi^vel data and definitely' exist for the voltage and temperature 
(heldth) data. These data ranges could be stored in the nenork 
processor memory and then verified by the nework processor that all 
data read is within stored nominal limits. A health bit I or 0 stating 
that all checked paramecers are within predetermined limits could then 
be inserted in the overhead of any message, from the satellite. 

^. . - • V— ' ... '2?., 

The format for adding information to the overhead^ such as health data, 
will^have to be determined; however, incorporating such a format would 
greatly eliminate the amount of ground station support needed to 
maintiln the sy%cea creating a large control jepsc saving and more 
autonomous system. 

5.3.2 SPACECTIAFT CCJCIANDS 

Commands external to the network processor are not envisioned. . Uplinks 
to the spacecraft surh as ephemerls data, time data , or a ^•^ ^•g5_^^ 
spacecraft status would be handled internal to the network processor. 
Any external commands would require an external interface with 
telemetry for confirmation and would degrade system autonomy. If 
required, by the radio or antenna, the command function could be 
accomplished by the network processor and an Interface circuit which 
would drive latching- type relays. 
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5.4 S?ACECIL\FT CARRIER. CONFIGURATION 

This analysis was perforaed as a maans of genaracing an approach co 
deploy Che satellites at the desired altitude and identifying any cost 
"drivers which would liapact the satellite design. The primar' 
conclusion is chat as the satellite size increases the number or 
satellites per launch decreases and the. total system cost increases. 

^5,4.1 SPACECRAFT CARRIER CONFIGURATION 

The carrier provides the means for launching a group of MSSP spacecraft 
on a single structure, thereby eliminating the need for individual 
propulsion systems on each spacecraft. The Orbiter Maneuvering Vehicle 
(CHV) places the loaded carrier in the proper orbit. TheOMVthen 
-returns the empty carrier to the orbiter to be re flown- at a later time. 
Launch costs are reduced by flying as many spacecraft as practical, on a 
carrier to minimize the number overall of. flights needed to place the 
system on orbit. 

Vario\is config^arations were considered to try to optimize the packing 
-density capability of the carrier. the best configuration uses a 
hexagonal -shaped structure rather than square. If, however, the hex 
structure shows by analysis to be marginal ia capability or too 
difficult to properly manufacture to the required tolerance, then the 
^uare-based concept will have to be reconsidered. 

tach of the five : rriars shown in Figures 5-53 through 5-57 occupy the 
same amount of cargo bay length and are all fabricated using five- inch 
-square aluminum tubing. Concepts 1 through 4 can carry 13. 16. 17 and 
. 19 spacecraft each, respectively. Although the 17-hole carrier would 
be the obvious choice, loads analysis may again dictate one of the 
smaller versions - concept 2 or I - be 'ised, as their structures employ 
—better—load paths - throughout the primary_S-tnicJture — _,. 

The most efficient carrier, the 19 -hole hex structure and spacecraft 
were initially selected as the spacecraft carrier configuration 
baseline. However, since a 28-lnch antenna became a possibility, a new 
carrier was configured and Is shown in Figure 5-57. 

Launch costs per spacecraft are increased as the number of: spacecraft 
per carrier are decreased. The impact that ancennA diameter has on 
launch cost as a result of carrier volume being consumed by the larger 
antenna follows: 



Antenna Diameter 



Spacecraft per Carrier 



18 In. 
24 in. 
28 in 



24 
19 
12 
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■ ; ■ .-^ -• - •■ ■ • , , • ■ ji»}!^Jjijajto^*>ifl(i^Kai*.w^^^ ?- r — ^-r .- ~ it,-r*S." 

■ . 1:r : " •• ■ -■••'•i — ' • . - ' • • ■■ : ; - • • ■ • ' ■• ^^"^-'^^J-^r 
Th«::>lnpact. of - a. size changa^,. of:^«^he;,.. MSSE.^is^cvro.>.fold.^...3estdes^.-the 1 
possible increase in., cost due to shuccia bay length or weight Increases 

( $1500/lb shuttle launcher a -mor e-- bas ic --factor-occursr^-^TKl^'n^ ^^^^^:r^.^^ 
satellites per carrier on ;;die ^^shuttla. vlll 4ecrease.^..The..phenomenon-.-.^ 
that fewer large diameter spacecraft can be launched per launch vehicle 
wilL be cooaon for: all- 1' ofr'*^ the^ possible launch aechcds . Figures 5 -TS 
ahd:S*S9 present three u.polnt. ctirves,. based . upon the^ analysis, of the 
three possible spacecraft diameters . . ~ 



;1.^. J.; -..»S, rift. 



5.5 RADIO/ANTa'NA INTERFACES 

The: analyses of eha spacecrafc interfaces with the radio, and antenna 
suifiaarized in this, section were conducted to establish antenna site, 
antenna shape, attitude .control vs. anter»na pointing and the concern of 
operation of the antenna and radio at^v high ' power -(lOCV) in space. 
These analyses were performed easier in -. the.. Fh4asa I study effort to 
identify concerns. The analyses provided inputs for a satellite 
stravnan vhich was presented ac .the early working group rmee tings. Many 
of the trade considerations were modified or ~ thft^ performance and 
interfaces of the radio and antenna were refined by those team- members 
in Che latter stages of the Phase I study. 

Thifr antenna pointing/attitude control analyses identified ari interface 
problem which was resolved by elevation scan capability in the cross 
link antennas. The analyses of the possible antenna size and shape 
enabled a discussion with, the antenna team members and: an early start 
on the configuration analysis of the spacecraft solar arrays. The 
analyses of the radio/antenna, high power operation demonstrated the 
capability of the spacecraft to operate with RF peak power averaging 
and identified other concerns of high RJ power operation. 

S.jJ'l . ANTENNA POINIING ERR0P5 AND ATTITUDE CONTROlT- 

The, objective of this section- is. to identify -the' antenna pointing 
errors and the resultant antenna, pointing loss . As the error 
parameters are defined, a cost tradeoff of < antenna pointing loss vs. 
attitude control can be established. 

Based on antenna experience from other spacecraft, we have established 
-tw- requirements for — satellite antenna — painting ; — 1-)~ stata-paincing. 
errors and 2) show antenna gain, loss vs. error. The last requirement, 
less vs. error, will determine the Lapacc of tha atcicude control. 

Errors associated with pointing the. antenna have been determined. as the 
following: 1. antenna, mechanical error, 2. . antenxia pointing error 
3. pointing calculation error , 4.. attitude control error, 
spacecraft movemene. The errors can. be -defined as:.follovs: 

1) The antenna mechanical ^ error is . the physical ulignment of the 
antenna to the spacecraft attitude zero. . The value V* 1 d^S vas 
chosen because it vc^nr be;^ obtained . without costly , alignment 
procedures. -.^^ ■ .it.-*:.-, m.-^:, y^rr-y ' 

2) The antenna pointing error is the real antenna > pointing arror or 
the design capability of the antenna alonev 

3) The antenna pointing calculation error is the error of ..the: digital 
processor to determine where to point ''he antenna beam. 



4) _ Tl*« acricud* control. «rror- Is ch« sacsllita platfora's abilicy co 



J corracel/ orientaca :'Cha ancenna;. 



■7 :ii2K-l 
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Tha spacecrafc eovemanc - arror i a ^dependenc upon eke update time of' 
^tha antenna. poinciag i^rror r (aspacially a v steppad- beam) : Itfii- 
assancially tha gr anduiar icy of tha. antenna baam-poalttons. ^ ^^^^^^^^ 



Tha errors do noc add to-^ a nvorsc - case. A^^^t r^ 

calculating tha total , error is .to calculate the root of the sua of the 

errors squared. The pointing error equation can be written:- 



^e - SQR( (#1) 



2 

-K (#2) 



2 



-¥ (#4 



. 2 
* (#5) 



) 



Withi|^areful fabrication and- design the magnitudes of the mechanical, 
the real antenna pointing error, and. the calculation error should be 
about 1 deg each. Therefore, the errors which are the main concern for 
the ^tenna and spacecraft are tha attitude control errors and the 
ante^Kia grandularity errors. 

The affect of an antenna pointing error is to reduce.. tha coiwunication 
«ys Lea antenna gain. This error loss will increase- for higher gain 
aatenaas with narrower beaawidths. Asstuaing a 60 percent efficient 
antenna with a parabolic radiation baaa shape. Ftgura 3-60 shows tha 
maxiaua system gain vs. the pointing error. For higher antenna gains 
with narrow-»r beanwidths than those shown in Figure 5-60. the final 
system gain with pointing losses will actually be lower. Figure 5-61 
shows the system gain losa (d3) vs. pointing errors from 6 to 16 deg. 
Since the MSSP antennas, will have gains, of 18 to 20 dB the pointing 
-arror aus^-ia less thanv^fr dag^^ ■ — ^ 



Tha two important trades for tha HSSP are the attituda control and the 
antenna grandularity to obtain system pointing errors less than 6 deg. 
The antenna grandularity is tha capability of the antenna to point a 
beam in a particular direction. Tha t MSSP antenna is an electrically 
steered or switched antenna rather than a machanically sweeped antenna, 
tha antenna vill therefore point in^ stepped, increments . The pointing 
loss will be the valleys between tha beam steps as shown in Figure 5- 
62. Tha depth of tha - valleys will ba w dependent upon the nux&ber of 
steps' which are dependant upon the , physical size of tha antenna. ' The 
attitude control error > .is .\ dependant upon the ^ complication of the 
attituda control system. For the simple gravity gradient boom, the 
attituda control would be uncontrolled in yaw (azimuth) and nadir- 
pointing (roll and pitch) within .10 : dag (3 sigma) . If^a momentum-bias 
vneel is added, the attituda would be controlled in yaw and nadir- 
pointing (roll and pitch) within 2 dag. Th\is, the capability of the 
attituda- pointing is also: grandular. -^-.^ ^to" -I ?t^^;?rt:"'r t^^j-^ 
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Invaddicion co the crade of ancenna grandularicy and acricude control, 
is Che possibility of using elevation scanning of the antenna and 
processing capability of the network processor. Analysis by the ocher 
team.Beobers determined that the network. processor could determine che 
yawv roll,: and pitch orientation of the. incoming RF signals. The 
scanning, , elevation, and azimuth capability of the antenna could then 
be used to compensate for^ the ^ attitude^ errors less than 10. deg (3 
Sigma): roil». pitch,, and 360 deg yaw. 

Vith the antenna scanning compensating for attitude conurol errors, the 
\. error-e^tioa .can .be> rewritten:. . - 

■ 2 2 2 2 

•-^^^^v.^-^'e—- .'• SQR^TT^IT * (#2-> ♦ (#3r'^''4.^(^5) )' 

the error dueto attitude control (#4) is eliminated. Since the errors 
other than the antenna grandularicy are approximately 1 deg each, the 
equation would be: 

^. $B ^ SqjSL { Z ^ (#5)2 ) 

^. Table S-9 shows the system pointing error with antenna scanning to 
Z compensate for attitude error. The antenna grandularicy is Che angle 
^. between individual stepped beams.. The table , shows chac when Che 
f . antenna grandularicy is greater than 2 deg, the error will be driven by 
the grandularity. 
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.r:^^i.4.igt>...i;> - .TABLE. 5 •9- -^-^ < , .^^li^r.-;!. ^^r-s^^x-r. 

. . rj,.^ -System-. Polncing.: Errors vs;. kciZMXva^Qx^:D4alaxi^ 

^u:;->^-'B-«r^«.T-n''^-^i?;-;i:- -vv^^^^ v.-"-"^- "' :^g^-.j-:r^^^' ' ^ -^-tt^' •■ '-iJ-^fi ' ^-^-^-vr'^^?' - ^^^ir:^te:^s£^■■ 
.,.^ :^^:^.Antenna: Crandularicy Jdeg) .. , Potrit.ln5. Error-. -(d^g) .... 

" • ■ .'1 *- " ' ■ 0 - 



1 

. . .. 4. 

■ 6 - •• 
7 



2 

..2.6 
3.5. 

lis.. 3 . 
6.2 
7.2 



9 



Tha conclusion of this analysis Is that coaanunicatlon system pointing 
errors must be -less than 6 deg for aan antenna gain of 18 to 20 dB (60 
percent efficiency) . The main error concerns are spacecraft attitude 
error and antenna- *grandularity: - However analysis by-^ other team, 
members has shown that the attitude error- can be compensated by the 
elevation and^ ariwi>h rearming of the antenna. Therefore r the main 
error concern is vtha antetma scanning grandularity or beam step size. 

The calculations of error/loss were performed assuming 60 percent 
antenna efficiency. If the antenna efficiency is less than 60 percent 
and narrower beaowidths are used to obtain^ the requited gain, the 
ixapact of tha pointing- error will increase, 

3.5.2 AUTEINA SIZE 

The following analysis was performed early in the Phase II study to 
obtain an estimate of the size of the MSS antenna. The ^ize- impacts 
the required attituda- control and the antenna pointing as shown In 
Section 5.1. Also, by estimating the size of the antenna, the analysis 
of the spacecraft configuration and possible solar array configuration 
could proceed. 

To create, a paramatric presentation of tha antenna size co determine 
spacecraft size, two as sxoapt ions were made:. 

■-**■•» . • - 

1. The antenna is moiintod on a cylinder' and the antanna arrays are 
switched In segments around it. The grandularity of the switching 
around the cylinder was assumed to be A/4. 

2. AS an increasingly wider antenna is "used, a phase error occurs 
(Figure 5-63) due to tha displacement .of the end elements off a 
flat plane. If the antenna were a multifaceted surface rather 
than cylindrical, similar considerations would have to be made. 
The maximum displacement was assxuied to be A/4. 

Having istablishad these assumptions, tha equation for~thV"numBe^^^^^^ 
antenna beam steps vs. tha antenna radixxs is shown in Figure 5*64. 

Figure 5-65 shows tha antanna step angle or the number of degrees per 
step of tha antanna beam vs. antanna raditis. Tha projected antenna 
array length antenna radius is demonstrated in Figure 5-66. 

Because of the allowable phase error of A/4 at the edge of the 
projected antenna, the antenna 3dB beamwidth will be broader than a 
classical uniform array. However, with the use of the classical 
expression 

8w*L/A - 52 
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L:PnOJECTE5 ARRAY LENGIH 
^ - 0: ASSUMED TO BE X '4 

OEFINmON OF ARRAY 0 ERROR OF X/4 
_ — 0 :PHASS~ERROR 

9 

A/N 7B21<u 



Rgure 5-63 Antenna Phase Error 
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X /4 ANGLE STEPPING OF ANTENNA POINTING U. ANTENNA POINTING CAN BE ' 
STEERED AROUND TO POINT TO DIFFERENT SPACECRAFT IN X/4 STEPS 

r'9 «X/4or 9 « -1—. 

. ^ ^ .. :.^.:-:i\Ji- :. ..... ■ / ■ .. 

C3?Ct£lS2n RADIANS ~~ 

2n 

• OF ANTENNA POINTING STEPS. -a-2n»4i/X 

9 



■ an •j/x 

-DEGREES-PEH-STEH- 

9 n 'i^x 



A/N 7Q21<a.a 



Fguw 5-64 Antanna Beam Step: Deqws Pgr Step 
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an approximation of the. ancanna baaiawidch vs.. the ancenna radius can: be r j ,i ; _ 

obtained. and;-is. shown, in- Figure: -S-S?. ' _ /.^-^ ..^.^^^^^^^^^^^^ : . K^l _ ^Jr''^^^^^^ 



^oted on Ftgures 5-63 and : 5-67 are the antenna ^^dimensions of 13 .\ 2^. 
-and 28 in.; for the frequencyjof^^gte 

^spacecraft, analysts wasV^l^ This dimension ;waa:i;later" verified by 

^the team antenna. Imember a. ^^^^ The ^ smaller dimensions provided a lower 
satellite launch cost. 

■ " ■ 

^ -5 .5.3. MSSP RT POWER CONCERNS 

.The major topics to be discussed include theueffect: of ^poyer- averaging 
on the satellite, -ELF power- and test considerations, receiver/?A turn-on 
concerns, and miscellaneous items such as. the RF limiter, and PA 

■ "themal... ' .r^rl;- 



^e power subsystem is driven by, cwo factors: 



The power generated by ^the solar -. arrays will, be dependent upon the 
solar, array configuration, the, sun angle, and orbit position. ^ However, 
a simplified case of battery discharge can be derived when the Earth 
eclipse period is considered.: For^^ thecal titude of ^concern, the orbit 
period will be about..96 min with 32- min of eclipse. The equation for 
the required battery capacity because of eclipse ls:« 

Avg power 32 min 

■ ♦ m Capacity * depth of discharge 

28V ■ ^ ' 60 min/hr 



POWER AVERAGING r( PA) /SPACECRAFT POWER " 

To vary spacecraf c^'range, .at:^ may^.-be-*- necessary'-^to-^^ duty cycle .-^v 

and peak power of the data packets. This requires that the battery 

size or the rated depth of . battery discharge be increased. (The 

battery life is -dependent upon depth of ^.discharge .;;,and«. .mamber of # ' 1 ^ 

cycles.) . : ^ 



(a) Solar array is sized so that orbital power input is equal to 
orbital poWer inquired. * • 

(b) The batteries are large enough so the drain during periods of 
charge below the bus.^ requirements does not drain the batteries 
below the specified depth of discharge. 

When the PA powe r is in crea sed for short periods o f time, and Che Sfe^ 
orbital average bus requirement remains the same , f ac to~r~ Ta)~above "Ts 
not affected, but. factor (b)- will require that the. high power time, 
periods be controlled. Either the high power periods can be shortened 
or the depth of discharge of the battery must be allowed to increase. 
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The laeesc power numbers for MSSP ar*«. 



64W 



74W/0.75 - 98,7W (75 percent convercor 



Other power: 

efficiency) -.t::. i.,^-:^^. • . • . : - 

or a-36 a«p-hr- battery would work and. the final depth of d^ischarge 
(DoD) woiad be 3.2 percent. ,^.^,r. 

-Thi -lW PA. is baaed on: ^ . j 

low peak RT; 30 percent duty factor; 30 fercent efficiency; 
:'r.v ,75' percent :dc -de ..converter, efficiency. ^ r^.. . , . 
..lOtx 0.3/0.3 -;10W.average or 13 J^3W ^wtch.^^ r^.^^^^ 

For iOOW operation the PA power is: 

lOOW. pe^; 10 percent duty factor-irrlP percent efficiency; _ 

75 percent dc-dc efficiency. . . 

100 X 0.1/0.3 - 33.33W avg. or 44 W including converter 
efficiency 

The bus required power diring high power operation wbuld be (64 4- 
^ 33t30/Ot?5-- 129^W-.---The--4aipact^f-^igh_pewer_^ 



1) allow the depth of discharge (dod) to increasa 



129.8 
IT" 



32 
60 



• - -6.9 percent 



-X7:32 ain • 24.-3. ain r . 



2)*^ or*redtice-the transcit. tiae , 

-^^l^T;^^! ' ■ i 129; 8 

? Either of , these' I options .1 are- acceptable compromises ! ^fha impact is 

'lower than first expected because the bus power has increased to where 
the percentage effect of . the PA . power is lower; .Thrs analysis is 

;optialsticx^because-the.^orbital.^^harge is soB^ * sine wave 

rather than an on/off eclipse/chirge period: :Th¥ periods of solar 
array output less than^ spacecraft power requirement will be greater 
than, tha eclipse period (depending upon array orientation) . If , the 

rhigh power operation-were^to^s tart^ at ^the:^ end;~of^i.ecU^ when thej 



baectrUs have already dlacharged during normal eclipse operacion, and 
Che array pucpue haa. noc yet tncreaaed, che operactoa ac high power: 
could drag che bactery dod down co 8-10 percenC. 

Transmitting for 24.3 mLn with high power will affect the amount o£^^ 
transaie time. Dead, time or period* -of no transaisaion wxU be 
required. 

The length of the dead time is given by: 

(33.3 - 10) * time (high power) - IC * dead time 

. 'i^^ dead tima - 2.33 * cia« high 

power 

Twenty four minutes of high power operation will shorten low power time 
to only 15 min. 

If batterlee with lower allowable dod are used, . the problem is worse 
because a larger dod is multiplied by the power difference. - This could 
be solved by spending more money to buy larger batteries. 

The impact of the high power operation will be dependent upon toany 
orbital parameters, but .the design coutd proceed in either of two 
. methods: 

a) state powers required <74W to bus) and high power operation - 
time-liaited to 10 min P/A power - 33W. Dead time - 24 min. 

sTitti~riquiri<rTii gh power -«pTBrat1ron-time^^ 

P/A anytime) and the average power 74U. The satellite designer 
will upgrade the power system to aceomvllsh the desired UoD. Dead 
time - TBD. 

Either ease would define a baseline Ineerfaea and designs so chat 
trades could proceed. 

Another concern of peak power averaging is the system thermal design. 
The low power operation of lOtf average power will dissipate an average 
of 7W with 3W average transmitted. The high power operation will 
dissipate 23W and tranamit lOW average. During some periods the FA 
will dissipate no power. The thermal design will be required to 
:oi;roi tiS sateiu'te. temperature for all of these wide Ji«iP*t.d 
power swings, the swings of 64W bu* -power to 97W " -Jout 50 percen^ 
variation. Iri-Upendent of orbit, may r.q^^lre more sophisticated form* 
of thermal contiol. such a. thermal louver, which caa be expensive^ 
The final determination is depertdent upon the-themal Interfaces of the 
radio, antenna,, and satellite. 



b) 
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♦ ' RF.^POWSr^AND.-.TSSr. CONCERNS' - '^^ ""t'T ^: ■ ' *' .^^^..^ • 

The normilJ^Srlteita- fot^'^che vaciium-tesc^ '^'^f ^^jff • ^ 

b« subjected, to ^ acceptance level- 'theraaS'^ v^ testing In lieu of 

theraal cycling tests, if . they meet any- of the thermal vacuum res ^ ^ *.V 

crlteria:d«ifeed-be¥5wr^'^^^^r^^'^^^^^^^^ 

.^^:tm^^.^^mm ^^.^::^im^z^ :t^^Ajpj^r-:^xm- -1^^^^^^/--^^^^-- -^-^"^.^ ■ 



'b- have-ceriixials exposed to vacuum and --carrying over 50V ^ ^ ^ 



b'^- parts nocrheraetically sealed ana carrying over 500v 

b- parts exposed to vacuum, " dissipating" Vve^^ ''^CjiheiLt 
"^'- in^»air ^rating" which a thermal tolerance analysis oh ^7*" 

component -mounting does not exist. ^ . ^ 

Above SOW RT (actually 30W with 2:1 VSVR-Voltage Standing Wave Ratio) ... 
zhm spacscrafcr antenr^V end radio must be thermal vacuuxa- tested, ThC '[^^ 
RJ trans is tors'-muscbe-^nalyzsd and ttstsd to ensure that their the iwai;^^^^'^^^^^^ 
tiae constant -Is ' such ""that the lOOW operation will, not exceed the t f 
thermal rating -in vacuum. The transistor J unction temperature must be 
designed for a MTTF of five ysars minimum. The thermal properties of 
high power pin diode switches and phase shifters must be analyzed and^ 
tested;- - ' : . . . ^-r ■ -y 

•Ths capability of S^A connsctors is about 32W. Vith^ a safety factor 
of 2:1, the maximum powar would be 40W. Therefore, TNC type connectors 
(circuitous dielectric interface) will be- required. Also, to ensure ' 
rapid bleed^down aC vacuxim,' the connectors m\isc-be vented (drilled) < ^ 

♦ TURN ON/OFT SWITCHING TIMES • - ^ ' ' - ' / • ' 

The discussion:! for protocols and routing haa assumed time lines with 
transmission periods and receive periods but nor switching- time in- 
-between. Switching time would be -periods of transition between 

transmit" andf receiveT there lure concerns about thm foltowHrg-areas-af- 

operation which would cause switch time delays. 



0--P/A Operation 

o T/R swltcr * rig 

o Antenna switching 

P/A operation: The circuit for the operating PA is shown in Figure 5*'^ 
63. The turn on of the PA will require very low inductance In the ^ 
battery^ regulatory firing and P/A A solution mlght be^^to place a^ "^: 
large capacitor as close to the P/A as. poasible. However, if -the P/A 
on/off switch is before the capacitor, the turn on will be slowed due 
to charging of the capacitor. 



•194. 



Another solution would b« to turn the P/A on continuously, charge: all.. 
capacitors, and be ready for the transmitter on/off. The impact o£ 
this wi^ be .sxaalL^becaijwe^the .^^^ C.^and -.should-. draw a 

(-•IWX'Vhile^^'in^ scandby. becweeti'^traMm • z.::^^:::-:^^' v.:;^ 

T/R switchfng: , two possible RF confi^rations are shown jin^Figures : 5- . 
69 and S*70. The systea is half duplex cransaitting and receiving on 
the saaa xr equency v. , >^«n. transmitting^OOV (ignoring ^^^^ for 
now), a circtilacor would provide 204^ dB of isolation. However, a 2:1 
VSVa antenna would .provide onLy , 10^^, dB of . reflection loss.. In^other 
words, lOV, if peak power, would be reflected back to the receiver. A 
T/R switch nay be needed to protect ^ the receiver, front end... Also, for 
the switchad beam or - phased, array antennas , . end -of life . degradation 
might cause VSVRs much' higher for certain beams and therefore,, the. T/R 
switch might be required to handle higher powers than lOW. 

The questions to be answered include: Whac^will the switching tisa of 
the T/R switch be?. ._Whac will be. the isolation cf the switch? If ^the 
receiver upper dynamic range is .0 dBm, the reflected lOW will, need 40 
d3 of svitch isolation. Even then, the xeceiver may require time to 
recuperate from the 0 dSm signal. 

Antenna switching: The. antenzia is specified at <lus switching time. 
This specification staties that a lua dead; time must ba.apportioned to 
the. protocol.. .., ■ • ' -.^-^ — -i- • .■-V."^-,... 

The switching speed of a pin^diode switch is dependent upon 1) on: Che 
RF power through-put. and. insertion loss - large current to offset the 
RF power, 2) off: the RF power and isolation required • high voltage 
to shut off diode and offset RF power, 3) the diode package design and 
switch package design to handle cooling of diode (diM to dc and RF 
loss) in a vacuum, and 4) the switching speed of the switch driver, 
which supplies the voltages to the pin-diode. The lus switch time for 
MSS? will be the stis of the pin-diode switch and switch driver tiae. 
Previous experience has shown rapldr-oH^switching-of-pttt-diodaaT-buc-the- 
off can be longer depending on ayacea line capacitance. 

A stiaaary of switching concerns can be answered by the following 
queetiona: 



FA on or off continuous 

If off: on-time 
T/R on/off -time 
Antenna switch tiii#^ 

S ince alL of these times occur in a parallel f the longest timei«will be 
the systea^ -dead tiae.-- . ir-r i s- 



tisee 
usee 

usee 
1 -^uaec 
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.Rgurs 5-69 R F Confiquration 1 
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-196- 



6 .0 Conelusicns and Reconifflendacions '"^^''1:^' ■. .....^ J 

The HSSP Phase I scudy is noc. a presencaclon of a single poinc sacel- 
Lice design, buc a -combination . o£.^:v:r and analyses leadini; Co the 

prellainary design of a low cose sacelllce communicaclon syscem.. The 
study vas based upon the: Inceracclon between the Phase I team sembers: 
antenra , radio « : and satellite Integration .^such that an^ optlmitm cost* . 
effective design, could be obtained* 

During this study several, general conclusions were obtained: ' ^ 

o Orbits: The ^satellite orbits should be at a high inclination for 
the. view capability by the Northern Hemisphere i/here most of the 
system users would be located..." A satellite altitude of approxi- 
aately 675 km would create a sufficient orbit lifeclae while pro* 
vlding lower launch cost and lower radiation levels. A rachnique 
hcs also been presented for satellite dispersion using nodal re* 
gression which could save considerable- system cost.; 

. - ... . c . 

o Groxind User: The impact of the system design cost due to the mul- 
titude of ground users can be great. If peak power for high ele- 
vation angle satellites is used, the system cost and complexity 
could be. reduced. 

o Satellite Cocusunication Range: The. satellite , design .should be 
capable of maxixaum communicaclon range. This capability increases 
communication probability and system reliability. , , 

o Power: Satell' :e power requirements are the largest satellite 
cost drivers. The analyses show —the impact of cost per watt 
(-$5000 per watt) and how the solar array configuration was ana- 
lyzed to maximize the array orbital average output. 

o Attitude Control: The attitude control necessary from the satel- 
lite is dependent upon the antenna capability apd cost. The pri* 

mary concern addressed— in — the — ^anaiysirs — is— the- confticr-rbetween 

attitude control and the antenna pointing requirements. The cost 
of the dual scan, elevation, and azimuth crosslink antenna esti- 
mated by the antenna team members directed the result of the ana- 
lysis. The attitude control would be a simple gravity gradient 
boom sysr.ea with a eddy current damper. 

Figure 6-1 illustrates a final conceptual satellite for the MSSP and 
Table 6-1 lists features of the satellite design. It is not a single 
point design because if will, depend upon final trades performed In the 
!*3SP Fnase II study. 



"J TABLE, 6.1 . 

PROMINENT SATELUTB' DESIGN ASPECTS^ 



Power: 

Actlmda Concrol : 
Structure: 

Preferred Launch Hode: 
Comand and. Tel erne try: 
Theraal Control : 



75W^ system of 6 panels deployed for maxirn'om 
orbitaU power- 36 aiaphr battery for; lov 
depth of r dl^char and current- limit 1:^5 
power control. 

Gravity gradient: boom with eddy current " 
daxoper for nadir-pointing 10 deg 3(r^^^^ 

Tubular frame, low .ccsc construction, with 
thermal blanket walls. . ^^T-'" 

Shuttle launch with OHV for final orbits.;, 
satellites deployed for nodal dispersion. 

Command and telemetry provided •through:., 
interface with network processor. 

Thermal,. heater compensating for no- transmit, 
periods. Passive thermal . blankets and 
radlatprs%- 





l,; Jacchia, L. C. J. 



"Thermospheric - Temparacure p. Oensicy, and 
Cofsposlcion: tiewf Models* Saichsonlan. 

Inscituclon Astrophysicalw: .Obser/ator : SAO, , 
Special. Report No. 375V":iarchT9 7^ 



2 • King-Hele , Desmond "Theory of Sacellica - Orbt ts^^ln an-Aoaosphere'* , 

Buccervorth 4 Co. Led.. London, 1964 





AAS - Ajaer tcaxi" As cronaudbal Soc ie cy ^ - - ^ ^ 

ADACS Attitude Oeteriixiation and Cdntrot System 

AGC - 'Automatic Gain- Control 

Al « Alufflintim 

AO - Atomic Oxygen 

Ap • Geomagnetic Indices 

APL - Applied Physics Laboratory 

A/H - Area/Mass ratio 

BASD • Ball Aerospace Systems Division . 

Cd • Coefficient of Drag 

cm - centimeter 

CMOS • Complementary Metallic Oxide Semiconductor 

dB • decibel 

deg - decree ^ 
£LV - Expendable Lavinch Vehicle _ 

ERSS - Earth Radiation Budget Satellite 
ETR - Eastern Test Range — r-i 

ft - feet/ foot - 

FOV - Field of View 

CEOS • Geodetic Earth Orbiting Satellite 

" CHz-^ - GigaHertz — 

GSAT - Gravity Satellite 

hrs - Hours 

ICs - Integrated Circuits 

ICRF • International Geomagnetic Reference Field 

kg - Kilogram 

Vm • Kilometer 

LHC - Left Hand Circular 

min - minutes 

MSFC - Marshall Space Flight Center 
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Skczotxym Vise (cone) 



MSS - 
MSSP - 
KTIF - 
ilASA • 
NP.. 
KlCAd • 

TUB • 

nal • 
OiW • 
rad - 
RP - 
RMS - 
RCM • 
RSS - 
see - 
SESl • 

SHinj)oss 

SKA • 
SOFIP - 

saa - 

taop - 
T30 - 
Tin • 
THC - 
VSWR . 



Multiple Sacallica Sysfm^^ 
Kulelpla Sacalllte System. Frograa 
Hman Timm to Fallura 

NationAl. Aaronautles . and Space Adalnlstration 
Noise Figure - 

naueical mile 
tiaucical mile - 
OrblcaL Maneuvering Vehicle 
^radiacloii unlCJ 

Radip Frequency ^ 

Remote Manipulator System 

Read Only Memory 

Root Sua. Squared ' '^'^-^--'•^-•■^-f^-'^-;'^^^ 

second 

System Engineering Report 
^Radiation Calculation Program ^ 
RF connector Sub*Minature Type A ^ 
Short Orbit Flux Integration Program 
Solid Rocket Motor 



Space TransportatidtT System 

Temperature 

To be determined 

Telematzy 

RF Connector Typo TNC 1 
Voltage Standing-^ Wave Ratio 



